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and  Portugal,  finally  arriving  at  Plymouth,  England. 

.  ^he  Secretary  of  the  Navy  designated  May  1969  a 
commemorative  period,  and  it  was  especially  appropriate  that  the 
Symposium  salute  the  aeronautical  pioneers  who  made  history  in 
May  1919. 
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FOREWORD 


.  ThcCS?  Pr(*:eedin&-  Published  in  five  volumes,  comprise  the  49  papers  presented 

Coronet  iVy  Srymp0Sium  on  Aerobalhstics  held  at  the  Naval  Wwpons  Center 
Corona  Laboratories,  Corona,  Calif.,  6,  7,  and  8  May  1969. 

This  symposium  was  the  eighth  in  a  series  begun  in  1950  under  the 
sponsorship  of  the  then  Bureau  of  Ordnance  Committee  on  Aeioballistics  and 
currently  conducted  by  the  Naval  Aerobalhstics  Advisory  Committee  as  sponsoring 
committee  for  the  Naval  Air  Systems  Command  and  the  Naval  OrdnanJsystems 

IT  '"1""8  PUnX,Se  °f  the  symP°sium*  been  to  disseminate  the 
results  of  aerobalhstics  research  and  to  bring  the  research  findings  of  industry  the 

rTr/I  h  7  ,g0VCrnment  ^oratories  to  bear  upon  the  Navy*,  aerobalhstics 
research  and  development  programs. 

...  °Zl  200  research  scientists  representing  more  than  72  organizations  attended 
his  eighth  symposium.  Sessions  1  and  2  covered  the  subjects  of  heat  transfer  and 
aerophysics,  nozzles  and  jet  effects;  Sessions  3  and  4  were  concerned  with 
aerodynamics  and  missile  stability;  and  Session  5  dealt  with  structures  and 
aeroelasticity,  and  external  carriage  and  store  separation. 

The  papers  in  these  Proceedings  have  been  reproduced  in  facsimile.  They 
appear  in  the  order  of  presentation  except  that  all  classified  papers  have  been  taken 
out  of  sequence  and  grouped  together  as  Volume  5,  a  confidential  volume.  Volumes 
1  through  4  are  unclassified.  This  is  Volume  2. 

Requests  for  or  comments  on  individual  papers  should  be  addressed  to  the 
respective  authors. 


RAY  W.  VAN  AKEN 
General  Chairman 
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INTRODUCTION 

calculation^8  p!per.is  a  survey  of  some  recent  numerical 

gas  flows  The^c?  N0L'  of  steady,  inviscid,  compressible 

Sthf  r  \i^dlSt  ngi?1Shlng  asPect  of  these  calculations 
is  that  a  time-dependent  approach  is  used  to  obtain  thp 

!se?oYdiB^,fiHW  fie“-  The  P»*PO~  °*  the  present  paper 
2  4.th®  Phllos°Phy  and  advantages  of  the  numerical 

ftor?hPende?t  te?hni<Iue'  and  to  present  results  obtained 

(1?  thp6f?SPl^a!:i0nu0f  thlS  technic3ue  to  the  cases  of 
hodi^  fl  field  about  supersonic  and  hypersonic  blunt 
bodies,  assuming  a  calorically  perfect  gas,  and  (2)  the 

expansion  of  a  high  temperature  gas  through  a  converqent- 
divergent  nozzle  where  vibrational  and  chemical  nlnlaTi- 

of  SemthroI?  I^both^f  ?hS  b°th  UpStreare  and  downstream 
i  cne  tnroat.  In  both  of  these  cases,  the  time-dependent 

technique  has  some  distinct  and  convincing  advantages  over 

5u  bendeliieatedSbeadY^State  analy*is'*  ?hese  advlntag^s" 
win  he  delineated  in  subsequent  sections. 

(U)  Th*  Present  numerical  studies  are  motivated  bv 
r«ni^ne^-belief  that  en9ineering  numerical  anlljsis  is 
tak^ng  lts  place  as  a  new  "third  dimension"  in 
fluid  dynamics,  and  that  this  new  dimension  complements  the 

advent^f^K1  dim!nsions  of  experiment  and  theory?  The 
speed  digital  computers  has  prompted  this 
growth,  and  as  a  result  a  fertile  field  exists  for  the 
evelopment  and  application  of  new  and  improved  techniques 
for  numerical  flow -field  analysis;  indeed?  the  time- 

ae?aseSnt  analysis  discus3ed  in  the  present  paper  is  such 

QUALITATIVE  DISCUSSION  OF  THE 
TIME-DEPENDENT  TECHNIQUE 

^  The  timw-dependent  technique  entails  the  finite- 
?i“?epsCof S?r^iCnpf  thS  ■  unsteady  conservation  equations 

°£  tlme*  ,F?r  a  given  problem  (such  as  the  flow 
*iei*4.*bOU?  a  specified  body  with  fixed  free-stream 
conditions) ,  the  gas-dynamic  variables  are  obtained  in 
steps  of  time,  starting  from  initially  assumed  distributions 
throughout  the  flow  field.  The  steady-state  solution,  which 
the  desired  result,  is  approached  at  large  values  of  time. 
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A  virt:^  °f  this  technique  is  that  it  is  relatively 

solutio^  a?d  in  princiPle  ifc  represents  an  exact 

the  steady-state  flow  field  in  the  limit  of 

”i?e  timf ■  ?n  Practlce»  the  Steady  state  is  obtained 
of  Practical  purposes  in  a  reasonably  finite  length 

of  time.  A  second  virtue  is  mathematical,  i.e.,  the  * 
unsteady  conservation  equations  are  hyperbolic  with  resDect 
to  time  regardless  of  whether  the  flow  is  locally  subso^c 
thK?  characteristic  allows  a  well-posel 
Thte  al  Yalue  Problem  throughout  the  entire  flow  field. 
w  hls,lnP°ntrast  to  the  steady  conservation  equations 
which,  in  the  case  of  invis  j.d  flows,  change  their  nature 

in°?  aloiPtiC  ln  the  steady  subsonic  region  to  hyperbolic 
n.^e.steady  supersonic  region;  consequently,  a  stable 
unified  stecidy-state  solution  throughout  both  regions  is 

t0  °btai"'  As  a  the  time -dependent 

method  appears  to  be  admirably  suited  for  the  unified 
analysis  of  mixed  subsonic-supersonic  flow  fields.  Indeed 

a£i?iS^ablli:ty  tS  exemP1rfied  in  the  present  paper  by 
atrons  to  the  flow  about  a  supersonic  blunt  body7 
nd  the  critical  flow  through  a  convergent-divergent  nozzle. 

diff^r^LoWltl!  regard  J?  the  Precise  numerical  finite- 
scheme  by  which  the  above  time-dependent 
technique  can  be  implemented,  several  procedures  have 
ppeared  in  the  literature  (see  for  example  ref.  1-8). 

,,artificia]'Yv°f  th?ae(ls<rhemes  involve  the  introduction  of 
vlscoslty  into  the  inviscid  flow  problem 

eauations^r^d’11  g?vernin9  physical  conservation 
equations  or  indirectly  in  the  numerical  finite-difference 

equations.  This  concept  of  artificial  viscosity,  first 

tionS^dd*by  VonNeumarm  and  Richtmyer,6  allows  the  calcula¬ 
tion  and  appearance  of  shock  waves  with  finite  thickness  as 

a  unif^;?d  Par^  the  finite-difference  scheme;  however 

its  E?lf\clal  visc°sity  is  a  mathematical  artifice  and’ 
its  value  has  no  relation  to  the  actual  coefficient  of 
viscosity  of  the  gas.  Hence,  the  computed  shock  thickness 

araumenteths t°n  ■ t0  Indeed'  Moretti7  has  made  the 

gument  that,  in  addition  to  being  physically  unrealistic 

thus611  aS  ?eguiring  a  large  number  of  mesh  points  (and 
thus  excessive  computer  times) ,  the  introduction  of 

artificial  viscosity  may  even  mask  other  inconsistencies' 
in  a  given  application,  and  hence  is  generally  unsaJisfacto^ 

results  given  in  the  present  paper  5 
employ  a  finite-difference  scheme  first  suggested  bv? 

Moretti  a?d  AbbettS  which  does  not  explicitly  introduce  an 

sena5i£iad • Vlsc°?lty  fnd  which  treats  shock  waves  as 
separate  discontinuities.  The  appealing  virtues  of  this 

approach  are  its  physical  consistency  and  the  rather  course 
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This  ~  - 

ANALYSIS 

For  specified  randies®  fT"*  ff^sis  is  as  follows: 
and  specified  sSpeison??' free  streak  „  shaPe 

Sd^1tSSSSSi“:';  regjjarl^plcedvib 

are  known  at  time  t  then  a11  flow  variables 


g(t+at)  -  g(t)  +  c|S)  At  +  (iij  £±1 


Tn^ris9the^chemical "species “nole-mass"  T; • <evib)  and  ln  Hi 
l?iteriaC10,ne"pOrnthime  chosen  t0  satiJ?y Certain  stability 
natural  logari  thms  ^!  the^S^r*' •  °al ,  comPutations ,  the 
are  employed  as  the  denendent^a!?^?1131  •  * lou"  f leld  variables 
numerical1  stability  an!  f  3bleS  I"  order  to  “Prove 

in  lieu  of  t  in  eouatf™  !, ?°?dl?fnSlonal  time  is  employed 
assumed  gas-<fynamic  variablei'it  t  -^"the1!?  thJ .  initially 

r!~^n!Lr(!!s  1 2  4  u>. 

the  order  of  700  or  more,'  thTsSy-^tf^w  S^V" 
obtained,  where  (|f >t  and  (0,  both  approach  zero.  For 

tht  dl!!«d  rTsTt^lnil^  steady-£tate  solution  is 

*Epv“^|°“™st  tS%hi^^!pe?Lenu!fa«aE1Llimpiy 

3t’tand  (J^'t  “hich  appear  in  equation  (1)  are  obtained 

proper  boundary^nditions^thesiTeauat®  along  with  the 
conditions  depend  on 
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blunt  body  flow  fields 

(U)  The  physical  problem  treated  here  is  th* 
subsonic-supersonic  flow  field  about  a  blunt  body  of  fixed 

sonic  SSrSLin  a  £Pecified  uniform  supersonic^  hyper- 
problem  A  soluti™'®"  theK'direct"  supersonic  blunt-body 
tationif  p  S°  “J10;  ‘  '°U!  for„the  steady-flow  distri-* 

the  shock  wave '  and  the  blkv  lur°t*£°'  n  fi?ld  between 

issiiiilil- 

given  here  9‘  Conse5usntly ,  only  a  brief  outline  will  be 

for  thU,bl«n2g9fiSS  field°as^shown  in^url 
shown ‘in 

internaJd  d^dhm^niedis^n«SarfalsohLs^edal 

-at  9are 

derivatives.  (|f )fc  and  (i2}» ,  in  equation  (1,  are  obtained  - 


continuity 

i£  = 
at 

-  [ 

3  (pu) 
3x 

x-momentum 

3u 

at  " 

-  (u 

ax  + 

y-momentum 

OiIqj 

rf|< 

II 

-  (U 

£♦ 

energy 

ii  = 
at 

-  (u 

M  + 

state 

p  = 

pRT 

+  ^r-  +  *  22  ) 

ay  y  J 

(2) 

v  |H  +  I  |E) 

3y  p  3x; 

(3) 

v  p.  +  i  |£) 

3y  p  3y ' 

(4) 

V  ii) 

3y 

(5) 

(6) 
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bodiP^L0  ^  11f°r  two'dimensional  and  axisymmetric 
bodies  respectively ,  and  <j>  =  In  p  -  y  in  p.  The  spatial 

S\the  ri9ht  hand  side  °*  equations  (If  to  (5) 
a5®  ?valuated  by  means  of  central  finite-differences 
obtained  from  the  known  flow  field  at  the  previous  time 
step.  Consequently,  equations  (2)  to  (5)  ultimately  yield 

values  for  in  equation  (1),  where  g  =  In  p,  in  u,  In  v 

and  <j>.  Values  of  <^f)  in  equation  (1)  are  obtained  by 

differentiation  of  equations  (2)  to  (5)  with  respect  to  t 
However,  these  subsequent  differentiations  introduce  cross- 

WhiGh  are  obtained  by  differentiation  of 
equations  (2)  to  (5)  with  respect  to  x. 

fl„„  The  above  procedure  yields  the  calculation  of 

poinif  of  tfe°r^fleS,in  S!6PS  °£  tilne  at  the  internal 

c  bbe  rectangle  and  along  the  centerline  (with  the 

aid  of  symmetry  conditions)  in  Figure  lb.  Concurrently 
at  each  time  step,  conditions  immediately  behind  the  Y' 

well  a^theUloca?Ckh  (b?Undary  AD  in  figures  la  and  lb)  as 
well  as  the  local  shock  wave  velocity  are  obtained  from  an 

^efhfclDe  ??thod  which  requires  the  simultaneous  satisfaction 

wfvn  nnda2ni^:fU9ani0t  jump  relations  for  a  molin^h^ 
ave  and  an  unsteady,  one-dimensional  characteristics 

QhoM?latl°n  utlHzin9  the  internal  flow  variables  near  the 
^°?.WaVG*  *  similar  characteristics  calculation  yields 

along  the  body  (boundary  BC)  .  The  flow  field  is 
bounded  above  by  a  horizontal  line  DC,  along  which  pro- 

in^iare-SrPly  Pbtained  linear  extrapolation^from  the 

if  thp  1  P°ln  :  The  upper  boundary  DC  must  be  completely 
in  the  supersonic  region  in  order  to  minimize  the  effect 

nra^n*?XtraP°^att°n  °n  the  uPstream  flow  field.  Some 
Sell  as  peJtinei?9  ramifications  of  this  extrapolation  as 

In  de?Ii?e“  ?l?erlnnC9?  °f  **”  tachni9ue  a«  ^-ussed 

NONEQUILIBRIUM  NOZZLE  FLOWS 

.  (U)  Jbe  PhYsical  Problem  treated  here  is  that  of  the 
quasi-one-dimensional  motion  of  a  high-temperature  qas 
expanding  from  equilibrium  reservoir  conditions  throuqh  a 
convergent-divergent  nozzle,  where  the  expansion  is  rapid 
enough  such  that  vibrational  and  chemical  nonequiUbriSm 

b°th  the  subsonic  and  supersonic  portions 
the  flow.  (The  term  "quasi-one-dimensional"  implies 


..  i.  VOI.  2 

‘“"V1™  properties  in  the  nozzle  are  functions  of  only  x 

tS  vary  irIaS  the  J°cal.cr°ss-sectional  areas  are  allowed 
,  '  th®  flow  ls  not  constant  area  flow.) 

di^^al  and  ch®mical  nonequilibrium  are  the  only 
dissipative  mechanisms  assumed  in  the  flow;  the  effects  of 
thermal  conduction,  diffusion  and  viscous  dissipation  are 
assumed  to  be  negligibly  small.  The  equilibriGrreservoir 

?snfoui^%and^°Z2le  Shape  are  ^d  a  sofutloi 

e  •  Jor.th®  steady-flow  distribution  of  p,  u,  T,  p, 

nozzle  ?seee?ia  ?f°mP^iti0n  in  the  x-direction  along  ?he 
nozzle  (see  Fig.  2).  The  unique  aspect  of  the  present 

thp1^18^18  5hat  a  time-dependent  approach  is  used  to  obtain 
the  steady-state  nonequilibrium  nozzle  flow  variables. 


g  2  ^  Por  this  problem,  the  time-derivatives 

whlch  appear  in  equation  (1)  are  obtained 


'  (§t)tand 
from  the 


unsteady  quasi-one-dimensional  conservation 
independent  variables  are  x  and  t) . 


equations 


(the 


continuity 

momentum 


energy 

rate 


state 


i£  =  _ 

1  3 (puA) 

(7) 

3 1 

A  3x 

3u 

3t  ~  " 

,  1  3p  , 

(  p  3#  +  u 

3u  . 

3x  } 

(8) 

3e 

3t  “  " 

(  E  |H  +  E 
p  3x  p 

..  3  (In  A) 
3x 

+  u  If  1 

(9) 

QJ|  CU 

n-M3 

ll 

i 

u  If  +  W*P' 

T,q) 

(10) 

p  =  pRT 


where  A  »  A(x),  q  denotes  a  nonequilibrium  quantity  such 
as  eVib  or  chemical  composition,  and  w  is  a  function  which 

ES„snm\oy,ao?f  Te  proc«ss  under 

equations  (7)  to  (10),  along  with  their  subsequent  t  and  x 

ni55?ie?l:latl0n®,Kfll0W  the  calculation  of  the  nonequilibrium 
nozzle  flow  variables  in  steps  of  time,  starting  with 

assumed  initial  distributions  throughout  the  nozzle.  This 

in  consfderable  detail  in  references 

here  d  11  '*  therefore'  no  further  discussion  will  be  made 
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RESULTS 


not  infJpnriSe^reKUltS  illustrated  in  the  present  survey  are 
?d  dit0,b®  3  comPlete  documentation  of  the  current 

irM£«encesC9-ll10nB;^U°h  d°oume"tati°ns  are  available 
a  samD]p  nf  +-h  *  ua^er'  Presen^  purpose  is  to  give 

H  ^  t^ie  results  which  clearly  illustrate  the  nature 

and  advantages  of  the  time-dependent  technique? 

blunt  body  results 

x.H_  k  Figure  3  illustrates  the  time-dependent  motion  of 

rtaoe  and  *S  ^  begins  from  the  inUia??y  assSmel 

®?af®  Position,  and  as  it  subsequently  converges  to  its 

;  “Z  rSS°a"'  The  body  i  s  a'two-Sittaf3 
v2  i  n  K  i  Wlth  a  cross-section  given  by  b  =  0.769 

away  very  raoidlv at*arlY  times'  the  shock  wave  moves 

inexorably  afproac^es  its  s^eidJ-sjLf  posItiSf^P^ct i  , , 

step  anThUa?at/d0bSerVed  betwee"  the  300th  and  500th  timt  V 
Piour^  4  s  ^aPld  movement  is  further  demonstrated  in 

bow  shook  wave  vllocit??^/?”6/?3?^/!10^^1??  "“"dimensional 
SS'  -----  transient?111*6 * 

wave  and  lin^shapes^re  i£.^£?jGE1  g?* 

***  illustrated.  The  body  is  composed  of  a  cylindrical 
se'  a  i^-degree  half-angle  wedge  afterbody  and  a  shnrt- 
graphically  determined  and  practically  indistinguishable  ' 

°uf"  a  transition  section  is  discussed  in  reference  9  l 
simple  tt“pp°fy!1isll?;rifi^1LCr0er??tea?teOnjSa^aU?raete6and 

thesurfLeflS?14heStb?uX;??“ed^??“efd“tt?t?Uo10?heal0n9 

vertical  coordinate,  y.  Figurl  8  show?  that?  m *tL 
proper  supersonic  wedge  pressure  is  achieved  asymptotically 
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and  monotonically  far  downstream  of  the  blunt  nose,  and 
(2)  the  pressure  distribution  over  the  cylindrical  portion 
compares  favorably  with  infinite  Mach  number  circular 
cylinder  results  obtained  by  Fuller14  using  an  inverse 
method.  At  hypersonic  speeds,  the  pressure  distribution 
is  somewhat  insensitive  to  M^;  consequently,  an  infinite 
Mach  number  comparison  is  reasonably  valid. 

(U)  Two  points  concerning  the  nature  of  the  present 
time-dependent  blunt-body  calculations  can  now  be  summarized 
from  Figures  3-8:  (1)  the  most  extreme  variations  in  the 

low  field  occur  at  early  times  where  the  "driving  potential" 
towards  the  steady  state  is  the  strongest,  and  (2)  the 
proper  ssteady  state  is  approached  (and  for  practical  purposes, 
is  achieved)  at  large  values  of  time.  F  v 

.  The  Previous  results  have  dealt  with  two-dimensional 
bodies;  the  results  for  axisymmetric  shapes  are  similar, 
as  represented  in  Figures  9-11.  Steady-state  shock-wave 

f  sPhere7cone  are  shown  in  Figure  9  and  compared 
with  Billig  s  correlation. 12  The  body  is  composed  of  a 
spherical  nose,  a  14  degree  half-angle  cone  afterbody,  and 
a  short  transition  section  at  the  shoulder  (similar  to  the 
aforementioned  cylinder-wedge).  In  addition,  the  steady- 

St^  i 1SUrffCe_pressure  distributions  are  shown  in  Figures  10 
and  11,  and  are  compared  with  modified  Newtonian  predictions 

the.c°m^lned  inverse  blunt  body  and  characteristics 
calculations  of  Roberts  et  al.15  Note  that,  along  the 
conical  surface  downstream  from  the  nose,  the  present  time- 
dependent  results  qualitatively  predict  the  over-expansion 
and  subsequent  approach  to  the  sharp  cone  pressure  value, 
pc.  However,  the  quantitative  values  for  this  overexpansion 
(as  well  as  the  sonic  line  shape)  may  be  influenced  by  the 
presence  of  the  body  transition  section  between  the  spherical 
nose  and  conical  afterbody  (in  comparison  to  a  pure  sphere- 
cone  shape) ;  this  matter  is  discussed  in  more  detail  in 
reference  9. 

(U)  The  previous  figures  demonstrate  an  inherent 

£?*  Ji"'e"dePendent  approach  over  more  conventions 
steady-state  blunt-body  techniques,  namely,  that  by  one 
unified  solution,  the  flow  field  can  be  computed  not  only 
for  just  the  blunt-nose  region,  but  also  for  large  distances 
downstream  of  the  nose.  In  principal,  no  restriction  is 
put  on  the  extent  of  the  flow  field  that  can  be  treated; 
m  practice,  the  flow  field  extent  is  limited  by  require¬ 
ments  for  reasonable  computer  execution  times.  Incidentally, 
the  computer  time  for  the  present  blunt-body  flow-field 
calculations  for  one  body  shape  at  one  free-stream  Mach 
number  averaged  25  minutes  on  an  IBM  7090;  however,  the 
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computer  programing  was  done  by  the  present  authors  them¬ 
selves  with  no  effort  made  for  optimization,  hence  the 
quoted  computer  time  is  misleading  and  by  no  means  reflects 
a  lower  limit. 

(U)  Many  additional  results  obtained  during  the 
present  investigation  plus  some  pertinent  numerical  experi¬ 
ments  regarding  the  nature  of  the  time-dependent  blunt- 
body  method  are  presented  in  reference  9. 

NONEQUILIBRIUM  NOZZLE  FLOWS 

(U)  An  entirely  separate  application  of  the  time- 
dependent  technique  has  been  made  to  the  problem  of  the 
expansion  of  a  high  temperature  gas  through  a  convergent- 
divergent  nozzle  when  vibrational  or  chemical  nonequilibrium 
conditions  prevail  within  the  gas  both  upstream  and  down¬ 
stream  of  the  throat.  The  present  time-dependent  analysis 
circumvents  several  problems  encountered  with  steady-state 
analyses,  and  has  the  virtue  of  being  a  more  natural  and 
straightforward  approach  to  the  problem.  These  advantages 
are  discussed  at  length  in  references  10  and  11.  The 
practical  motivation  for  nonequilibrium  nozzle  calculations 
stems  from  the  importance  of  high- temperature  flows  through 
rocket  nozzles  and  high-enthalpy  aerodynamic  testing 
facilities,  and  the  present  time-dependent  analysis  appears 
to  warrant  serious  consideration  for  future  applications  to 
such  flows. 

(U)  The  following  results  are  chosen  as  demonstrative 
samples  of  the  present  nozzle  calculations;  a  complete 
discussion  and  presentation  of  results  can  be  found  in 
references  10  and  11. 

(U)  In  order  to  examine  the  purely  fluid  dynamic 
behavior  of  the  present  time-dependent  nozzle  analysis, 
results  were  obtained  for  the  case  of  a  calorically  perfect 
(nonreacting,  constant  y)  gas;  some  of  these  results  are 
illustrated  in  Figures  12  and  13.  Starting  with  an  initial 
linear  distribution,  the  transient  temperature  profiles 
through  the  nozzle  are  shown  at  various  time  steps  in 
Figure  12.  Two  important  points  are  ncted  from  Figure  12; 

(1)  at  early  values  of  time,  the  profiles  relax  very  rapidly 
to  a  steady-state  distribution,  and  (2)  the  resulting 
steady-state  distribution  shows  excellent  agreement  with 
known  steady-state  results  obtained  from  reference  16. 

These  results  are  complemented  by  the  transient  profiles 
of  local-mass  flow,  puA,  through  the  nozzle,  as  shown  in 
Figure  13.  The  somewhat  wavy  initial  distribution  for  puA 
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is  a  consequence  of  the  arbitrarily  assumed  initial  distri¬ 
butions  for  p  and  u.  Figure  13  markedly  illustrates  that 
the  transient  solution  rapidly  proceeds  to  the  proper  steady 
mass  flow,  puA  =  constant.  This  aspect  of  the  present 
analysis  is  an  important  virtue  when  applied  to  nonequilibrium 
flows,  where  the  nonequilibrium  critical  mass  flow  can  not 
be  calculated  in  advance  and  must  be  obtained  as  part  of  the 
complete  nozzle  solution. 

(U)  Figures  14  and  15  illustrate  the  time-dependent 
behavior  of  the  vibrational  and  chemical  nonequilibrium 
solutions  respectively.  Figure  14  shows  the  transient 
distributions  of  vibrational  energy  throughout  the  nozzle 
for  the  expansion  of  pure  diatomic  nitrogen.  Note  the 
rapid  approach  to  the  steady-state  distribution.  This 
steady-state  distribution  agrees  with  the  results  of  a 
recent  steady-flow  analysis  by  Wilson  et  all?,  however,  the 
time-dependent  results  were  obtained  in  a  more  straightforward 
fashion.10'11  Similar  comments  can  be  made  for  the  case  of 
the  chemical  nonequilibrium  e;roansion  of  partially  dissociated 
oxygen ,  as  shown  in  Figure  15.  Here,  the  transient  profiles 
of  atom  mass  fraction,  a,  are  shown  a  .  various  time  stctps, 
and  the  final  steady-state  distribution  is  seen  to  agree 
favorably  with  the  steady-state  analysis  of  Hall  and  Russo. 1® 


CONCLUDING  DISCUSSION 

(U)  This  paper  has  been  a  relatively  brief  survey  of 
numerical,  time-dependent,  inviscid  flow-field  calculations 
made  at  the  U.  S.  Naval  Ordnance  Laboratory.  In  the  interest 
of  conciseness,  no  effort  has  been  made  to  discuss  all  the 
results  and  details  involved  with  these  calculations;  the 
interested  reader  is  urged  to  consult  the  cited  references 
for  more  complete  and  self-contained  discussions.  However, 
the  intention  of  the  present  survey  has  been  to  inculcate 
some  appreciation  for  the  advantages  and  straightforward 
nature  of  the  time-dependent  technique,  and  to  present 
some  results  which  are  representative  of  the  time-dependent 
numerical  solutions  for  the  flow  about  supersonic  blunt 
bodies  and  the  high -temperature  nonequilibrium  expansion 
through  convergent-divergent  nozzles. 
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FIG.  5: 


Steady-state  shock  shapes  and  sonic  lines  obtained 
cylinder  present  t^me_dePendent  analysis,  parabolic 
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FIG.  6:  Time-dependent  shock  wave  motion,  blunted  wedge, 
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FIG.  8:  Steady-state  surface-pressure  distribution 

obtained  with  the  present  time-dependent  analysis; 
blunted  wedge ,  M  =  8 . 0  2 
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FIG.  9:  Steady-state  shock-wave  shapes  obtained  with  the 
present  time-dependent  analysis,  sphere-cone 
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FIG.  11:  Steady-state  surface-pressure  distribution 

obtained  with  the  present  time-dependent  analysis, 
sphere-cone,  =  8 
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if  *  bftXOns  for  a  calo^ically  perfect  eras 
o  =ained  from  the  present  time-dependent9analysis ; 
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FIG.  13:  Transient  and  final  steady-state  mass-flow 
distributions  for  a  calorically  perfect  gas 
obtained  from  the  present  time-dependent  analys 
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FIG.  15:  Transient  and  final  steady-state  atom  mass 

fraction  distributions  for  the  nonequilibrium 
expansion  of  dissociating  oxygen  obtained  from 
the  present  time-dependent  method 
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NONEQUILIBRIUM  FLOW  OVER  BLUNT  BODIES  USING 
METHOD  OF  INTEGRAL  RELATIONS 
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by 
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Washington,  D.C.  20007 


ABSTRACT*  The  method  of  Integral  relations  is  employed  for 
calculating  the  fluid  properties  of  a  chemically  nonequilibrium  flow 
over  blunt  bodies  traveling  at  hypersonic  speeds.  A  five-component 
gas  model  composed  of  02,  N2,  0,  N  and  NO  is  postulated  for  a  reason¬ 
able  description  of  the  chemical  reaction  process. 

The  one-strip  integration  is  considered  along  with  a  linear 
integrand  approximation.  The  flow  governing  equations  are  then  reduced 
to  a  system  of  ordinary  differential  equations  for  integration  along 
the  body  surface.  The  fourth-order  Runge-Kutta  method  is  used  in 
numerical  computation.  In  order  to  establish  the  upper  and  lower  flow 
boundaries,  the  frozen  and  equilibrium  flows  are  also  considered  using 
the  same  technique. 

The  numerical  results  compare  closely  with  existing  theoretical 
data.  It  is  found  that  the  "real  gas"  effect  on  the  pressure  is  much 
smaller  then  on  the  density  and  temperature  distributions.  The  non¬ 
equilibrium  flow  results  generally  fall  between  those  of  the  frozen 
and  equilibrium  cases  but  tend  toward  the  equilibrium  one.  However, 

^or  *  8*®*  the  nonequilibrium  data,  with  assumption  of  vibration 
being  unexcited  at  the  shock,  approach  those  of  frozen  flow. 
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SYMBOLS 


A 


a 


e 


thru  Fg 
G^  thru  Gg 
h 


j 


k 

M 


m 

N 

P 


Q 

R 


R' 


o 


a  function  defined  Equation  (B20) 
functional  constant 

mass  fraction  of  i-th  species,  C±  *  pj p 
specific  internal  energy 

functions  defined  in  Equations  (Bl)  through  (B8) 

functions  defined  in  Equations  (B13)  through  (B18) 

static  enthalpy  normalized  by  its  stagnation  value 
number  of  reactions 
K  =  (Y  -1)/2Y 

CO  CO 

equilibrium  constant  for  a  chemical  reaction 

forward  reaction  rate  coefficient 

reverse  reaction  rate  coefficient 

index  in  Equations  (25)  and  (27) 

Mach  number 
number  of  species 

number  of  strips  divided  in  shock  layer 

static  pressure  normalized  by  its  freestream  stagnation 
value 

catalytic  body 

local  body  radius  of  curvature  normalized  by  the  nose 
radius 

body  nose  radius 


r  radial  distance  measured  from  the  body  axis  of  symmetry 

and  normalized  by  the  nose  radius 

s,  n  orthogonal  curvilinear  coordinates  measured  along  and 

normal  to  the  body  surface  normalized  by  the  nose  radius 

T  static  temperature  normalized  by  its  freestream  stagnation 

value 

u*  v  normalized  velocity  components  tengent  and  normal  to  the 

shock  wave 
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velocity  normalized  by  its  maximum  value 
molecular  weight 
a  function  in  Equation  (26) 
a  function  in  Equation  (26) 
specific  heat  ratio 
shock  layer  thickness 

6  "  PJP 

characteristic  temperature  for  dissociation 

characteristic  temperature  for  vibration 

angle  between  body  tangent  and  axis  of  symnetry 
a  function  in  Equation  (26) 

Stoichiometric  coefficients 

static  density  normalized  by  its  freestream  stagnation 
value 

angle  between  shock  tangent  and  normal  to  body  axis  of 
symmetry 

rate  of  production  by  chemical  reaction 

Subscripts 

conditions  on  body  surface 

i-th  species 

j-th  chemical  reaction 

component  along  n-coordinate 

component  along  s-coordinate 

total  (freestream  stagnation  quantities) 

conditions  at  shock 

at  s  ■  0 

conditions  at  freestream 


269 


8th  Navy  Symposium  on  Aaroballistics 


A 


Vol.  2 


CT 

I 

* 


Superscripts 

0,  for  two-dimensional  flow 
1*  for  axisymmetric  flow 

(primed)  dimensional  quantities 

conditions  at  singular  point  (sonic  point  for  frozen  and 
equilibrium  flows) 
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In  recent  studies  of  hypersonic  flow,  a  considerable  effort  has 
been  expended  on  the  problems  of  predicting  aerodynamic  forces  and 
heat  transfer  over  a  blunt  body,  for  inviscid  flow  regions,  the 
problem  has  mostly  dealt  with  the  assumption  either  of  frozen  (perfect 
gas)  flow  or  of  chemically  equilibrium  flow  (Refs.  1,  2  and  3). 

Since  *  finite  reaction  time  has  an  appreciable  effect  on  the  flow 
p  operties,  the  actual  flow  will  be  in  chemical  nonequilihrium  along 

flows^Iv^  °r  tUl1  V^brf ion  citation.  Analyses  on  nonequilibrium 
flows  have  been  treated,  for  instance,  by  Lick  (Ref.  4),  Hall, 

Eschenroeder  avid  Marrone  (Ref.  5)  and  Shih  and  Baron  (Ref.  6).  However 
the  meet  difficult  p.re  „f  the  solution  lies  l0  the 

because  of  two-boundary-value  problems  involved.  Therefore,  a  workable 
method  for  handling  the  nonequilibrium,  as  well  as  equilibrium  Zd 
frozen  flows,  is  currently  in  demand. 

In  this  paper,  the  method  of  integral  relations  is  employed  for 

bbdils0!11  tr®ftment  °f  a  chemically  nonequilibrium  flow  over  blunt 
bodies  traveling  at  hypersonic  speeds.  In  order  to  establish  the 
upper  and  lower  flow  boundaries,  the  frozen  and  equilibrium  flows  are 
also  considered  using  the  same  technique. 


ANALYSIS 


BASIC  FLOW  EQUATIONS 

s  8lT/n  Fi8*  lf  ortho8°nal  curvilinear  coordinate  system 

Ltd  rn  are  “asured  alon®  and  normal  to  the  body  surface,  is 
®d*  ?  these  coordinates,  the  governing  equations  of  a  steady 

flow  lie "is  Tolllti1:  nonhea C ” conduc ting  and  chemically  nonequilibrium 
Continuity 


»  +  IS  [  »  +  t>  PV„r°  1  -  0 

^  — 


s -Momentum 


dV  dV  V  V 

vsdT  +  +  $  +  + 


8  n  dn  R  p  ds 


(1) 

(2) 
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n-Mbmentum 

3Vn  n  sv 

V*-+<1  +  $vn*T 

Energy 


h  +  V 


Reaction-Rate 


d  i  n  ac. 

V*  +  (1  +  t)  V,  T-i 


n  «£  R' 

(1  +  |) 

R"'  p'  V' 

K  max 


”aXlJ2ed  “.ith  fespect  t0  the  nose  radIus*  “d 

:=i  :rs£SSSSS:  Hr 

s  s;  ssssir 

TT  n  ° 


co  +  coa  + 


W0CNO 


V- 


C0  +  °0a  +  CN  +  CNa  +  So  *  1  (51 

are  needed" S“te  *nd  enthalPy 
problem.  y  P  lfy  th  blunt>b°dy  nonequilibrium  flow 


State 


P  -  p  TW  Z  Ci 

00 


1  “  03,  Na,  0,  N  and  NO 
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h  -  W 


•1 

L 


♦f 


fi+  5  £  !i 

u  7  L  u 

i-Oa,Na,  "i  1*0, N  W1 


E 
i« 
u  NO 


0.. 


E 

i«Oa,Na, 

NO 


E 

l-Oa,Na 


5a  0 

NO  NO 


(7) 

where  T  is  normalized  with  respect  to  the  freestream  stagnation 
temperature.  Equation  (7)  is  written  based  on  the  assumption  of  full 
vibration  excitation.  Rigorously,  vibration  relaxation  effects 
should  be  considered  by  including  vibration  rate  equations  for  0a,  Na 
and  NO.  However,  at  temperatures  high  enough  so  that  dissociation 
begins  to  appear,  the  vibrational  relaxation  model  loses  its  validity 
(Ref.  7).  The  use  of  simpler  vibrational  equilibrium  will  be  suffi¬ 
cient  to  describe  the  nonequilibrium  flow  phenomena. 

The  boundary  conditions  are: 
at  the  body. 


V  -  0 
n 

at  the  shock,  the  Rankine-Hugoniot  relations  may  be  applied. 
Continuity 


Momentum 


P.  V.  co*  X  -  Pfi  v 


KP  + 

00 


a 

cos 


X 


^6  +  P6  v" 


Energy 


Voo  sin  X  "  u 

2  3  3 

h  +  V  cos  v  -  h  +  v 

00  00  ^  A 


(8) 


(9) 

(10) 
(11) 

(12) 
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Species 


<Vs 


‘Vs  ■  “Ws  ■  0 


‘c0a>6 


V- 


‘CNa^6  ’  V-  (13) 

where  u  and  v  are  normalized  velocity  components  tangent  and  normal  to 
the  shock.  The  relations  between  u  and  v  and  velocities  in  the 
present  coordinates  are  given  by: 


V  ■  u  sin  (x  +  0)  +  v  cos  (y  -0) 


(14) 


Vn  *  u  cos  (x  +  e)  -  V  sin  (y  +  0) 


(15) 


The  shock  angle,  y,  is  geometrically  related  to  the  shock  layer 
thickness,  6,  by  the  equation: 


d6  _  1  +  6/R 
ds  tan  (x  +  0) 


In  sutmnary,  there  are  twelve  independent  equations,  i.e.f 
Equations  (1)  through  (7)  and  (16)  to  solve  for  twelve  unknown 
variables:  6,  V  ,  V  ,  T,  P,  p,  h, 


V 


% 


CN  and  CN0* 


For  a  fully  equilibrium  flow,  the  system  of  equations  and 
boundary  conditions  remain  identically  the  same  except  Equations  (5) 
are  replaced  by  the  algebraic  equations  stating  the  law  of  mass 
action: 


„/CiV*  Kc(r) 

nj  tj  )  *  — — —  (for  equilibrium  flow) 

i\V  <p')i  "t 

i 


Where  v  is  Stoichiometric  coefficient  and  K  ,  the  equilibrium  constant 
for  a  chemical  reaction.  c 

In  case  of  a  frozen  flow.  Equation  (5)  is  dropped  and 
Equation  (7)  reduces  to  the  simple  form. 

h  ■  T  (for  frozen  flow)  (18) 
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GAS  MODEL  AND  RATE  OF  PRODUCTION 

For  a  chemically  nonequilibrium  flow,  the  change  of  various 
species  of  the  gas  mixture  towards  their  thermodynamic  equilibrium  is 
governed  by  dissociation  and  recombination  rate  equations.  Using  air 
as  working  medium,  a  five-component  gas  model  composed  of  02,  Na,  0 
N  and  NO  is  postulated  for  a  reasonable  description  of  the  chemical* 
reaction  process.  Species  other  than  oxygen  and  nitrogen  in  the  air 
are  neglected.  Although  ionization  will  normally  occur  after  temoera- 
^rLrr?CheS  8000°  K»  its  effect  is  small  on  the  energy  balance  of 
fluid  flow.  Thus  for  gasdynamic  purposes,  it  can  be  excluded  (Ref.  8). 
The  specific  reactions  describing  the  high  temperature  regime  for  the 
mixture  of  five  species  are,  identified  by  the  letter  j. 


j  -  1,2, 3, 4, 5 


°a  +  Q**20  +  Q  (Q  -  0a,  Na,  0,  N,  NO) 


J  *  6,7,8,9,10  Na  +  Q322N  +  Q 
j  -  11,12,13,14,15  NO  +  q£n  +  0  +  Q 


j  -  17 


03  +  N^NO  +  0 
Na  +  0*1  NO  +  N 


The  above  reactions  can  be  written  in  a  general  form 


£ 


r  vli  Qi 
i-1  1 


where  v..  and  v,^  are  Stoichiometric  coefficients  of  Q.  on  the  left 
and  right  sides,  respectively.  The  factor  K,.  and  K  /are  the  forward 
and  reverse  rate  coefficients,  respectively,  <Jf  the  JJth  reaction. 
Values  of  these  coefficients  can  be  found  in  many  sources  (for  instance. 
Refs.  5  and  8),  which  differ  from  one  to  another.  In  this  paper, 
those  from  Ref.  5  are  used  as  listed  in  Table  I, 

With  reference  to  Equation  (24),  the  rate  of  production  of  i-th 
species,  u^»  is  given  by  the  following  expression: 
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+  «,(^f)k  (25) 

where  i  ■  0,  N,  NO.  Substituting  Equations  (25)  into  (5)  completes 
the  desired  rate  equations. 


METHOD  OF  INTEGRAL  RELATIONS 

A  general  method  of  numerical  solution  for  nonlinear  aero-hydro- 
dynamic  problem  is  the  method  of  integral  relations  originally 
proposed  by  Dorodnitsyn  (Ref.  9).  This  scheme  is  directly  applicable 
to  the  present  blunt-body  problem.  In  applying  the  method,  the  system 
of  nonlinear  partial  differential  equations  (1)  through  (5)  have  to 
be  recast  in  divergence  form. 

!■  *  (s’n'P***>  ♦  0  <•,«>.?...)  -  X  <s,n,P...)  (26) 

After  dividing  the  shock  layer  into  strips  of  equal  width,  the 
divergence  form  of  Equations  (1)  through  (5)  may  be  integrated  outward 
from  the  body  surface  to  each  strip  boundary  successively  at  some 
constant  value  of  s.  This  procedure  reduces  the  partial  differential 
equations  (with  independent  variables  s  and  n)  to  ordinary  ones'  (with 
independent  variable  s) .  In  performing  the  integration,  the 
distribution  of  integrand,  a,  3  and  must  be  known.  A  general 
approach  is  to  approximate  the  integrands  by  interpolation  poly¬ 
nomials,  for  example  a  by 


k 

or  ■  E  ak(s)n  (27) 

k-o 

where  N  is  the  number  of  strips.  In  principle,  the  actual  distribution 
may  be  represented  more  closely  with  an  increasing  number  of  strips. 
However,  for  a  thin  shock  layer  one-strip  integration  may  be  approxi¬ 
mated  to  yield  fairly  accurate  results  (Refs.  1,  2  and  6).  For 
simplicity,  therefore,  for  N  -  1,  Equation  (27)  assumes  the  form 

1  “  Tb  (s)  +  fi  [  l6  (S)  _Ib  <s>]>  1  "  <*  X  (28) 

which  implies  that  the  integrands  vary  linearly  between  body  and  shock. 
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Substituting  Equation  (28)  into  (26)  and  integrating  along 
n-coordinate,  there  results  ® 
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5  '  a6>  3$  +  I  h  <»«  +  %>  +  S6  -  % 


+  J  (X5  +  X„)  -  0 


(29) 


where  the  subscripts  b  and  6  designate  at  the  body  and  at  the  shock 
respectively.  Quantities  at  the  shock  are  given  by  Rankine-HusoMot 
relations  namely,  Equations  (9)  through  (13).  Quantities  at  the 
body  are  then  dependent  variables  to  be  obtained  by  solving  simulta- 

E^UUoY(2,n  ry  dl£ferenCI*1  *r®°de rived  ‘from* 


application 

f-h*  nhe  applicftion  of  the  method  requires,  as  mentioned  above  that 
the  flow  governing  equations  be  recast  in  divergence  form  The 
resulting  forms  .re  given  In  Appendix  A.  Upon  StltoUM  Se 
corresponding  integrands  into  Equation  (29),  there  results? 


(30a) 


is.  F 

ds  *2 

(30b) 

dPb  g 

ITm  f3 

(30c) 

dpb  _ 
d \Tm  P4 

(30d) 

S.F 

ds  F5 

(30e) 

dco 

dT-  p6 

(30f) 
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(30g) 


(30h) 


'g  3re  U!ted  10  ApPendix  B-  Not£  that  Eqs.  (6) 
8een  USed  in  derivin8  Eqs.  (30).  At  this  stage,  a 
and  (16)^  ^  lntegrable  equati°ns  is  completed  by  adding  Eqs.  (5) 


C  +  C.  +  — £!2  =  /c  v 

0  02  w  ^Lo J 

2  Nn  us  . 


(30i) 


c0  +  C02  +  CN  +  V  +  C1 


(30  j  ) 


££  =  1  +  S/R 
ds  tan  (y  +  e) 


(30k) 


flow  EE«“(30ft3?hro^h8?inh(°C  "°ne‘<‘,lllbri™  £1°"-  for  equilibrium 
flow'  Eos'  nSfl  <“h  are  replaced  by  Eq.  (17).  For  frozen 

t low,  Eqs,  (30c)  through  (30e)  are  eliminated  with  the  aid  of 

isentropic  relations  while  Eqs.  (30f)  through  (30j)  are  dropped. 


NUMERICAL  PROCEDURE 
EVALUATION  OF  INITIAL  VALUES 

With  known  initial  values,  numerical  integration  of  Eqs.  (30)  mav 
to  berev!l  °“t  along  the  body  surface.  The  initial  values  are  normally 
staenati™ ft  th®  sbagnation  Point-  The  flow  properties  at  the 

i.ii.sr^-us.in^  f“v  it:  t  u9invhe 

rlum  and  equilibrium  flows,  they  must  be  obMiMd^'ut,^.”"^^' 
the  stagnation  streamline  from  shock  to  body  until  the  velocity  8 

initial  v*1ZCr?\  10  anyKCase  the  shock  detachment  distance  (one  of 


Since  at  the  stagnation  point  V 


0,  the  derivatives 
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Although  this  is  overcome  with 


dVsb^dS  and  d*^ds  yield  the  form  0/0. 

the  aid  of  L' Hospital's  rules,  the  *uiKsrical  integration  then  has  to 
J art*d|at/ome  P°int  a  small  di^ance  away  from  the  stagnation 

i  ^  CalJ  the  "initial  Point."  The  initial  values  at  the 
initial  point  are  then  evaluated  through  a  Taylor's  expansion  from 
stagnation  point  remaining  first  order  terms. 


NUMERICAL  METHODS 

The  standard  fourth-order  Runge-Kutta  method  is  employed  in 
numericei  integration  both  along  the  stagnation  streamline  and  along 
the  body  surf^e.  In  order  to  avoid  divergence  of  numerical  results 
t-h*  ^ Vin8^lar  ?°lnt  ,(sonlc  P°int  for  frozen  and  equilibrium  flows), 

th!/  w a  l^/S  replaced  by  a  curve  fit  in  the  neighborhood  of 
that  point.  This  is  accomplished  with  a  fourth-order  Lagrangian 
interpolating  polynomial.  8 

flow  flOW  pfoperties  at  the  shock  for  equilibrium 

flow,  the  Rankine-Hugoniot  relations  (Equations  (9)  through  (12)) 

combined  with  the  law  of  mass  action  (Equation  (17)),  result  in  a* 
fourth-order  aigebraic  equation.  This  is  solved  with  the  aid  of  Newton's 
method  of  iteration.  However,  for  nonequilibrium  and  frozen  flows 
no  such  iteration  is  required.  * 

TWO- BOUNDARY- VALUE  PROBLEMS 


Integration  Along  Stagnation  Stream! ina 

As  shown  in  Appendix  C,  the  values  for  pressure  and  density  at 
the  stagnation  point  are  needed  in  the  equations  for  integration  along 
the  stagnation  streamline.  This  constitutes  a  two - bound *ry-value  8 

problem  in  which  the  pressure  and  density  values  have  two  boundaries, 

“  h*sh°CKk  an?  at  the  body#  The  forn,er  (*t  the  shock)  are  uniquely 
determined  by  the  normal  shock  relations.  The  latter  (at  the  body) 

are  to  be  satisfied  by  repeating  the  integration;  i.e.,  one  uses 

ancTinteerat^vfll^  Ps£a8-pt.  and  Pstag.pt.  for  the  first  integration 
an  integrate  values  for  Successive  integrations  until  they  converge. 

Convergence  is  reached  generally  after  two  iterations. 

Integration  Along  Body  Surface 

Not  as  unpopular  as  the  previous  one,  a  two-boundary-value 
problem  involved  in  the  integration  along  the  body  surface  has  been 

shock  standof feedba;;k"  natyre  °f  elliptic  equations.  Here  the 
hock  standoff  d  .tance  has  to  be  guessed  at  the  stagnation  point  and 

^  continues  at  the  "sonic"  point.  The  problem 

is  best  illustrated  by  Equation  (30a)  along  with  Fig.  2  where  the 
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the  sonic  poin^where  vel°=15dP7d^°JhedHVerSUS  s'coordinate*  At 

s.  'AdP/dp,  the  denominator  of  Equation  (30a) 

goes  to  zero.  A  continuous  solution  exists  onlv  if 

becomes  zero  such  that  the  ratio  0/0  stinJ^H  *  numerator,  F 

As  shown  in  vio  o  '  till  yields  a  finite  quantity  ^ 

uSSSnt „J1-  LoZTirztt';-  carr  d'vds 

with  which  the  continuity  occurs  a  tv  'i  ^  rega^d  t0  the  smoothness 
iterations.  y  ‘  A  typical  case  squires  about  15 

COMPUTATION  TIME 

.re  of^ord™  oll:„rn„ie"  S?  I™ a  complete  solution 

nonequilibrium  flow  end  ten  Mnuterfore^ulHbrlu^flow'^he8  f°r 
for  longer  computer  fnr  „„  itjW  .  4  aum  riow.  The  reason 

involved  In  deSEL^S  ““ 


RESULTS  AND  DISCUSSION 

tr.,e?^r«i200r:MUJtfeehtV:tbMen.<:8n'oPUI:d  [l\l  ^ 

i.  good  for  general  axlsymmetrlc  blmt  kLlei  ih.  !£^Ugh  fhe  an;’1>'sl5 

Tuill  ^  *"  f'°"  ^Sb- 

With  some  previous  solutions  ere  presented  .  ^th^glM!0"6 

RESULTS  ALONG  STAGNATION  STREAMLINE 

energy  at  its  fully  excited  state  and  m  „JS  reciuired  for  vibrational 

Will  f.li  within  the  ebi«  tw“u„mng  rises6  *?£*J 

terminated  when  the  axial  wlnru.  k  cases.  The  integration  was 

the  pressure  teasel  “  yury *  leSS  tha"  aba“‘  °-°°°5  and 

dlffe^cIri:t1we8:rtleffleCl£eiltbSoZ1e1irlrdat6d  ? 

equilibrium)  gas  flows/  At  M  -  14  44  3/20^000  <f°'T,,11i!ibrl“m  a“d 
freestream  Lch 


280 


8th  Navy  Symposium  on  AarobaOistics 


Vol.  2 

mass  fractions,  as  well  as  other  properties,  agree  favorably  with 
those  of  Shih  and  Baron  (Ref.  6)  as  indicated  in  Fig.  7.  In  Ref.  6 
the  vibration  being  fully  excited  at  the  shock  was  assumed  in  non¬ 
equilibrium  flow  calculations. 


RESULTS  ALONG  BODY  SURFACE 

The  calculated  shock  shapes  and  flow  properties  along  the  body 
surface  of  a  sphere  at  200,000  feet  are  presented  in  Figs.  8  through 
13.  As  shown  in  Fig.  8,  the  shock  layer  thickness  for  three  types  of 
flows  has  its  value  about  ten  percent  of  the  sphere  radius  and  remains 
thin  up  to  that  point  where  the  local  surface  Mach  number  reaches  two 
(s  1).  This  is  well  past  the  sonic  point  beyond  which  the  method 
of  characteristics  may  be  employed. 

The  frozen,  equilibrium  and  nonequilibrium  pressure  variations 
along  the  body  surface  are  shown  in  Fig.  9.  The  nonequilibrium  flow 
results  of  Ref.  6  are  also  given.  Very  good  agreement  is  found.  It 
is  seen  that  the  real  gas  effect  on  the  pressure  distribution  is  small. 
The  calculated  pressures  can  be  apparently  approximated  by  the  modified 
Newtonian  pressure  law  with  the  Busemann  centrifugal  correction  as 
shown.  Since  it  is  generally  known  that  this  approximation  (modified 
Newtonian  +  Busemann)  yields  lower  pressures  than  experimental  data, 
the  presently  calculated  pressures  and  those  of  Ref.  6  are  both 
slightly  too  low  in  the  downstream  region.  The  discrepancy  may  be 
attributed  to  the  use  of  simplified  s -momentum  and  rate  equations  as 
discussed  in  Appendix  B.  The  real  gas  solutions  for  density,  tempera¬ 
ture  and  velocity  distributions  differ  appreciably  from  those  for  a 
perfect  gas  as  shown  in  Figs.  10  through  12.  In  general,  the 
nonequilibrium  results  lie  close  enough  to  those  equilibrium  values 
for  M  =  14.44.  At  Mffi  =  8.0,  it  is  seen  in  Fig.  lib  that  the  non¬ 
equilibrium  temperatures  with  vibration  excited  at  the  shock  inclines 
towards  equilibrium  values,  while  those  with  vibration  unexcited 
inclines  towards  frozen  case. 

Fig.  13  allows  the  mass  fraction  distribution  along  the  body 
surface  at  Moo  =  14.44.  The  results  compare  also  favorably  with  those 
of  Ref.  6.  Although  not  presented,  it  is  found  that  the  results  of 
concentration  of  species  depend  directly  on  the  body  nose  radius  R' 
as  well  as  the  rate  of  production,  u>[.  It  can  be  shown  that  the  0 
overall  productive  term  of  rate  equations  (right  side  of  Equations  (5)) 
may  be  represented  approximately  as  Reynolds  number  based  on  R'  times 
a  function  of  frees tream  stagnation  temperature  for  a  given  vehicle 
speed.  The  real  gas  effects  become  important  only  if  both  Mach  number 
and  Reynolds  number  are  large. 


SHOCK  DETACHMENT  DISTANCE  AND  SONIC  POINT  LOCATION 

Figs.  14  and  15  show  the  shock  detachment  distance  and  sonic 
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point  (singular  point  for  nonequilibrium  flow)  location,  respectively 

a?^^ut:i0nSrOfufreeStream  Mach  number*  Both  results  agree  excellently 
with  those  of  Shih  and  Baron  (iief.  6)  and  favorably  well  with  that  of 
Traugott  (Ref.  1)  for  detachment  distance  and  those  of  Kendall  (Ref  m 
for  sonic  point  location.  Also  presented  in  Fig.  15  are  sonic  point 
locations  obtained  simply  from  the  isentropic  expansion  using  modified 
Newtonian  pressure  with  centrifugal  correction.  Different  specific 
neat  ratios  are  used  to  simulate  frozen  flow  with  y  =  1.4  or 

£1°"s  “lth  V  =  1.1  and  1.2.  It  is  found  that  this  staple 
approach  does  yield  a  good  approximation  to  the  more  sophisticated 
calculations  such  as  the  present  method  and  that  of  Ref.  6.  For  high 
Mach  numbers,  the  results  tend  to  flatten  out  as  in  the  so-called 
principle  of  Mach  number  independency  in  hypersonic  flow. 


CONCLUDING  REMARKS 

The  chemically  nonequilibrium  flow  over  axisymmetric  blunt 
bodies  using  the  method  of  integral  relations  has  been  investigated. 
The  frozen  and  equilibrium  flows  are  also  considered,  using  the  same 
techniques,  as  limiting  cases. 

...  Foy  “"'-strip  Integration,  the  numerical  results  compare  closely 
theoretical  data.  The  calculated  shock  layer  thickness 
remains  thin  enough  for  one-strip  approximation  to  be  valid.  It  is 

OU“  t5at  5he  "real  gas"  effcct  on  the  pressure  is  much  smaller  than 
on  the  density^ and  temperature  distributions.  The  nonequilibrium  flow 
results  generally  fall  between  those  of  the  frozen  and  equilibrium 
cases  but  incline  toward  the  equilibrium  one.  However,  for  M,  *  8.0 
the  nonequilibrium  data,  with  assumption  of  vibration  being  unexcited 
at  the  shock,  approach  those  of  frozen  flow. 

.,  ' TjR  use  of  exact  s-momentum  and  reaction  rate  equations  along 

the  body  surface  might  have  isolated  the  influence  of  flow  properties 
from  one  streamline  to  th(  other  in  the  subsonic  region.  In  this 
regard,  computer  programs  will  be  revised  as  t^  employ  the  full 
s-momentum  and  reaction  rate  equations  instead  of  the  above  exact 
(along  a  streamline  or  body  surface)  ones.  The  results  will  be 
discussed  in  the  formal  report. 
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APPENDIX  B 


EXPRESSIONS  FOR  FUNCTIONS  APPEARING  IN  ORDINARY  DIFFERENTIAL 
EQUATIONS  (30a)  THROUGH  (30h) 

With  the  use  of  one-strip  approximation  in  the  method  of  integral 

,,theJfunCtions  F1  throu«h  Fg  in  Equations  (30a)  through 
(30h)  are  found  as  follows:  0 

-»  1  4  44  - -a-sis-s  r.£4  v  (l+i,+„ 

1  \  Pb  s6  V  {ds  r°  Pfc  V  #  Y 


f2  -[-r  -<ptv*  +  b  +  rb  p,v\  I  Sf 

0  LOO 

6  frb**b  \]  I 

f  (1  +  R^"T“  +  0  -  CTP6VS6Vn6 sin  e)  J 

(r^+  a6  cos  0)  }/<p6V  G3  +  P  V  G2  +  Vg  Vn  G  )  (82) 

o  6  6  6 

l  r  dVs 

F3  ■  K  j2Pb\-3r  +  <PbV8b+  “bJ  6  3?  +  0P6V»6(1  +  R> 

b 

"f1  +  ^tfJ)[(2p6Vs6G2  +  Vl  +  «V  J?  +  <f  ♦ 


Ln  0 

*  L 


+  ^S-2  L,  V2  +  n  4.  „w„ 


«PbV8  +  (1  +  a)KPb  +  V  -jf 


m*je 
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*  S'yV- 1  wj  Tb  d.  »n  Vj-ajl/i  gi 


2V  dV  r 

8.  8. 

m  J  _ _ b  b  I 

W  ds  ‘  i 

oo 


2  (±*± iV5E  /l  dCl\\ 

i-Oa.NalWj  ds  J  +  7  i-0,N  (  Ta  j  ’b 


2  £  1  dCi 

7  i-Os,Na  W.  ds 
NO  \_ 


©  /T.  , 
e  b-1 


£  fl  x  5  I  fl  ^  2  £  C1  (0vi/Tl>)  e®»./Tb 

“i  7i-°'N“1  71-®=A»i  (e®v  /Tb- 


F6  “’o  G5  ~  C0  G6 


F7  -  «&  °5  ’  S  Gb 


P8  *  «fc  °J  ’  CN0  G6 


where 


P5  " 


P6  *  Poo  1  +  Veo  M1  cos3x  (1  -  e)j 


(BIO) 


Vco{(l  "  *>8in  X  cos  x  sin  0  +  [l  -  (l  -  e)cos3  x]  cos  ej 


(Bll) 
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v  *  v 

n„  a 


{  ■  e)  sin  x  cos  x  cos  0  +  |^(1  -  €)cos  x  -lj  s: 


Yro  Mmsin2x  (1  -  e)  (Ae  -  1) 

J1  **  f  **  "*  r  ■)  i 

e  IY.H.  cos  X  [A(2e  -1)  -lj  -A-lj 


G-  “  V  {sin  0  + 


G2  “  Voo|sin  9  +  (cos  X  cos  0  -  sin  x  sin  0) 

+  [(1  -  e)  sin  x  +  €  G.  (cos  x)/p  ]\  +  V 

1  “JJ  nfi 

G3  “  V^jcos  0  -(cos  x  sin  0  +  sin  x  cos  q) 

+  [  (1  -  e)sin  X  +  e  (cos  f  -  V 

J  6 

G4  “  [  (1  -  e) sin  2X  +  c  Gj  (cos  xVp„] 


g5  ■  K“<i  v 
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G  _  os  in  0  |  1  d$  1  pb  1  gb 
6  ra  6  ds  pb  ds  V  ds 


e  -  |(1+A)(1  +  y  H"  cos2y)  -  f(l+A)2  (1  +  yj^  cos 


a  a 


.  .  2  2  2  S  T  jk  1  /  33 
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Note  that  from  p.  124,  Ref.  8 


J  6  (chemical  composition  and  vibrational 
J  energy  both  frozen)  (B20a) 

8  (chemical  composition  frozen,  vibrational 

energy  excited)  (B20b) 


For  equilibrium  flows,  it  is  found  that 

C, 


A  -  2 


©  /T 

V 

i 


i*02,N2,W  i“02,N2,  W  0  / T  , 

NO  NO  1  i 


0J  c  ®d  r 

i  i  .  «  E  Li 

+  i*02,N2  W  “  '  i*02,N2,  W7  ~T  +  2  i-0,N  W~  , 

NO  J 


C,  wd,  _ 

i  cd  i  2 


i-02,N2,NO,  W 
0,  N  1 


(B20c) 


Since  the  body  surface  is  also  a  streamline,  the  s-momentum  and 
reaction-rate  equations  may  be  replaced  with  their  exact  forms  along 
a  streamline.  The  corresponding  Fg,  Fg,  F^  and  Fg  then  become 


(B21) 


F6  “  “6  G5 


F7  "  4  G5 
F8  "  “iio  G5 


(B22) 

(B23) 

(B24) 


The  use  of  above  simplified  forms  is  self  justifiable  within  a 
single  streamline.  The  question  arises  whether  this  is  an  appropriate 
use  in  the  nose  region  where  the  flow  is  subsonic  and  its  properties 
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influence  from  one  streamline  to  the  other.  In  this  paper,  the 
numerical  results  are  calculated  based  on  Equations  (B21)  through 
(B24)  for  s-momentum  and  reaction  equations.  The  programs  will  be 
revised  as  to  use  Equations  (B3),  (B6),  (B7)  and  (B8)  instead  of 
(B21)  through  (B24) ,  respectively,  and  the  results  will  be  discussed 
in  the  formal  report. 


APPENDIX  C 

FLOW  EQUATIONS  ALONG  STAGNATION  STREAMLINE 


Along  the  stagnation  streamline  where  V  -  ra  -  0,  the  basic 
flow  equations  are  reduced  to  the  following  forms. 
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The  equations  for  conservation  of  species,  thermodynamic  state 
and  enthalpy  assume  the  same  forms  as  Equations  (5)  through  (7). 
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The  boundary  conditions  are: 


at  the  body, 


at  the  shock. 
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The  term  j  is  a  nonzero  quantity.  It  is  determined  by  a 
linear  variation  of°its  values  at  the  shock  and  at  the  body;  i.e.. 
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Equations  (30a)  and  (30b)  gives 
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(U)  Fig.  2.  Velocity  Gradients  Along  Body  Surface  of 
Sphere  at  M  =  14.44 
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(U)  Fig.  6.  Velocity  Distribution  Along  Stagnation  Streamline 
for  a  Sphere  at  M  =  14.44 
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(U)  Fig.  7.  Mass  Fraction  Distribution  Along  Stagnation 
Streamline  for  a  Sphere  at  M  =  14.44 
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(U)  Fig.  9. 
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(U)  Fig.  10.  D> nsity  Distribution  Along  Body  Surface  of  a 

Sphere  at  M  *  14.44 
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(U)  Fig.  15.  Singular  Point  (Sonic  Point 
and  Equilibrium  Flows)  Location 
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SUPERSONIC  LAMINAR  AND  TURBULENT 
ABLATION  STUDIES  WITH  TEFLON* 
(U) 

(Paper  UNCLASSIFIED) 
by 
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1.  A.  Koenig, and  M.  T.  Madden 
U.S.  Naval  Ordnance  Laboratory 
White  Oak,  Silver  Spring,  Md.  20910 


ABSTRACT.  (U)  Experimental  programs  have  been  carried 
out  In  the  U.  S.  Naval  Ordnance  Laboratory  3-Megawatt  Arc 
Tunnel  to  study  the  interaction  of  ablation  and  a  vehicle's 
aerodynamic  characteristics.  The  test  conditions  involve 
stagnation  pressures  of  20  to  30  atmospheres,  temperatures 
of  4000  to  9000*R,  and  Mach  numbers  of  2.3  and  3.  The  test 
models,  made  of  teflon,  were  smooth  or  had  cracks  machined 
into  the  surface.  They  were  Instrumented  for  pressure, 
temperature,  heat -transfer,  and  skin-friction  measurements. 
The  laminar  data  are  compared  with  the  predictions  of  a 
numerical  procedure  known  as  BLIMP-CMA,  Surprisingly  close 
agreements  have  been  found  between  experimental  data  and 
predictions.  Ablation-induced  transition  is  observed  in  all 
laminar  runs.  In  fully  turbulent  runs  criss-cross  striations 
are  observed.  Cracks  in  the  ablative  models  have  pronounced 
effects  on  the  ablative  behavior.  Substructure  heating  can 
be  severe  depending  upon  size  and  direction  of  the  cracks. 
Ablation  reduces  the  wall-shear  stress  by  about  40  percent. 


*  This  study  was  supported  by  the  Naval  Ordnance  Systems 
Command,  0RDTASK  351-001/092-1/UF  20-322-502,  the  Independent 
Exploratory  Development  Program,  Task  Number  MAT-03L-000- 
F008-9812 ,  Problem  027,  and  the  Defense  Atomic  Support 
Agency,  Contract  Number  DASA  No.  563-68, 
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NOMENCLATURE 
”  width  of  crack,  inch 

-  height  of  crack,  inch 

-  wall  enthalpy,  BTU/lb 

•  stagnation  enthalpy,  BTU/lb 

•  Mach  number 

-  supply  pressure,  atm 

p 

■  heat  transfer  rate  to  crack  wall,  BTU/ft  sec 

p 

-  heat  transfer  rate  to  duct  surface,  BTU/ft  sec 

■  friction  Reynolds  number  (on  the  basis  of  b) 

-  supply  temperature,  *R 

-  local  flow  velocity,  ft /sec 

-  free-stream  velocity,  ft/sec 

-  axial  distance  in  flow  direction,  inch 

■  distance  into  crack,  perpendicular  to  surface, 
inch 

-  boundary-layer  thickness,  inch 

-  boundary-layer  displacement  thickness,  inch 

o 

•  wall-shear  stress,  lb/ft 


312 


8th  Navy  Symposium  on  Aeroballistics 


Vol.2 


INTRODUCTION 


(U)  Ablative  materials  are  an  accepted  means  for  pro¬ 
tecting  re-entering  vehicles  or  parts  of  re-entering  vehicles 
from  the  intense  heating  during  certain  phases  of  the  flight. 
With  their  use,  problems  became  apparent  or  are  anticipated 
to  develop  which,  at  present,  are  inadequately  described  by 
analytical  approaches.  For  small  vehicles,  flight  test 
results  have  Indicated  that  roll  Instabilities  develop  under 
certain  conditions  during  re-entry.  The  anomalous  forces 
are  significant  at  altitudes  below  100,000  feet.  The  process 
is  not  adequately  understood,  but  it  is  possibly  linked  with 
the  interaction  of  ablation  and  the  vehicle's  aerodynamics. 
There  is  also  concern  that  cracks  in  the  ablative  heat  shields, 
that  have  developed  prior  to  re-entry,  will  severely  affect 
the  protection  of  the  substructure  for  which  the  shields 
were  designed.  If  cracks  have  developed  in  heat  shields  the 
ablative  behavior  may  be  altered  which  in  turn  may  affect 
the  aerodynamics  of  the  vehicle.  To  study  these  processes, 
research  programs  were  carried  out  at  the  U.  S.  Naval 
Ordnance  Laboratory  (NOL)  under  the  sponsorship  of  the 
Naval  Ordnance  Systems  Command  and  the  Defense  Atomic  Support 
Agency. 


APPROACH 


(U)  Because  of  the  lack  of  an  adequate  analytical 
description  of  the  phenomena  Involved,  NOL's  approach  was 
primarily  experimental.  It  endeavored  to  produce  actual 
flight  conditions  in  the  3-Megawatt  Arc  Tunnel.  The  experi¬ 
ments  were  designed  to  measure  boundary-layer  parameters 
and  material  responses  that  will  assist  the  development  of 
theory  or  at  least  allow  an  empirical  correlation  of  critical 
parameters.  For  a  typical  IRBM  this  involves  the  stagnation 
conditions  shown  in  Fig.  1,  namely  pressures  of  20  atmospheres 
and  larger  and  enthalpies  of  3000  to  4000  BTU/lb  if  its  flight 
altitude  is  lower  than  60,000  feet.  These  supply  conditions 
can  be  achieved  in  an  arc  tunnel.  Because  of  the  manner  the 
boundary  layer  develops  on  blunted  bodies,  the  proper  simula¬ 
tion  of  flight  conditions  on  a  blunted  re-entry  vehicle  can 
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57  ;xp,nllng  the  «»•  *«»  a  reservoir  having 
the  specified  stagnation  conditions  to  a  relatively  low 
tree-stream  Mach  number.  One  can  either  study  the  flow 
externai  or  internal  to  a  model  with  equal  validity  of  the 

I™  4  *  4.^  8®1®cted  th®  latter  approach  because  it  is 
experimentally  quite  attractive  since  it  allows  an  easy 
instrumenting  for  obtaining  pressure,  temperature,  heat 
transfer  and  skin- friction  data.  For  the  substructure 
heating  studies,  the  flight  regime  to  be  simulated  was  approx 
co  8a"®  as  shown  on  Fig.  1.  However,  in  addition 

2  numb?r»  supply  pressure  and  enthalpy,  a  number  of 
other  parameters  had  to  be  considered  to  achieve  proper 

•  ?Jat  l"ight  occur  t0  *  re-entering  ICBM  with 

a  cracked  ablative  heat  shield.  The  cracks  may  be  considered 

aspect  ratio  *>/»>.  From  flow  studies  in 
cavities  with  non-ablating  walls  one  knows  that  the  wall-to- 
stagnation  enthalpy  ratio,  Hw/H0,  the  friction  Reynolds 
number, ReT,  characteristic  sizes  as  b/6*  and  h/b,  as  well 
I*  geometry  of  the  cavity  influences  the  heat  transfer 
lu  cav}Jy  Geometry  factors  include  orientation 

of  the  cavity  with  respect  to  the  flow  direction,  spacing 

of  the  cavities  if  there  are  more  than  one,  and  the  cavity  - 

•  8®  geometry.  With  ablation  present,  the  blowing  rate 
parameter, c  also  has  to  be  considered.  It  is  believed  that 

wldth  laWr  O"  the  conical  paJ?  It 
i  i  ahl?ld  »»y  present  problems.  If  one  considers 
the  point  of  maximum  heating  for  an  ICBM  that  travels  on  a 
trajectory  of  minimum  energy,  the  following  range  of  para- 
?nJ2!P*  *5®  computed  for  a  missile  of  ballistic  factor  of 

;?JvWhlw^hf®  a  conical  heat  shield  of  10-degree  half 
angle  with  a  1/4— inch  nose  radius: 


2 

< 

M 
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10 
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< 
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The  blowing  rate  parameter,  essentially  an  indication  of 
the  amount  of  shielding  provided  by  the  ablator,  will  vary 
with  the  material.  y 
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(U)  Tha  experimental  setup  is  quite  simple  and  is  shown 
in  Figs .  2  and  3.  The  arc  heater,  in  this  case  a  three- 
phase,  four-ring,  a.c.  arc  (Ref.  1),  discharges  the  air  into 
an  axially  symmetric  contoured  nozzle.  The  flow  then  enters 
axially  symmetric  ducts  made  of  the  ablative  material.  The 
nozzle,  as  well  as  the  duct  contours,  have  been  corrected 
for  the  boundary-layer  growth.  The  Mach  number  3  nozzle  and 
ducts  were  designed  for  laminar  flow,  while  the  Mach  number 
2.3  nozzle  and  ducts  had  turbulent  boundary-layer  corrections 
applied  to  them.  The  flow  ther  discharges  into  a  diffuser 
and  exhaust  system. 

(U)  All  but  one  of  the  ducts  had  static-pressure 
orifices.  Some  were  instrumented  for  in-depth  temperature 
readings  and/or  surface  temperature  readings,  heat-transfer 
and  skin-friction  measurements  (Ref.  2).  The  Pitot  pressure 
was  measured  at  the  exit  of  the  duct  in  all  experiments. 
Ablation  was  determined  from  contour  measurements  prior  to 
and  after  the  runs.  The  supply  conditions  in  the  arc  heater 
were  computed  from  the  measured  pressure  and  mass  flow 
using  the  method  of  Ref.  3. 

(U)  For  the  substructure  heating  studies,  cracks  were 
machined  into  the  ducts,  parallel  and  transverse  to  the 
flow  direction.  The  crack  widths  and  heights  were  selected 
to  cover  a  desired  range  of  the  parameters  listed  previously. 
Heat  gauges  were  installed  at  the  bottom  and  on  the  side 
walls  of  the  cracks. 

(U)  A  total  of  eleven  ducts  were  tested  during  this 
program.  The  tunnel  operating  conditions  and  duct  instru¬ 
mentation  are  summarized  in  Table  1. 


ANALYTICAL  PROCEDURES 

(U)  Several  analytical  programs  have  been  used  in  the 
analysis  of  the  experimental  data.  Test  results  obtained 
under  conditions  where  the  duct  boundary  layer  was  pre¬ 
dominantly  laminar  were  compared  with  the  predictions  of 
the  Boundary  Layer  Integral  Matrix  Program  -  Charring 
Material  Ablator  (HLIMP-CMA)  (Ref.  4)  which  were  acquired 
from  the  Aerotherm  Corporation.  These  two  procedures 
are  fairly  versatile  and  permit  calculation  of  teflon 
ablation  rates,  boundary-layer  parameters  and  in-depth 
material  response  in  non-similar,  multicomponent, 


315 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

chemically— reacting,  laminar  boundary  layers  along  axisym- 
metric  or  planar  surfaces.  Quasi-steady  or  transient 
solutions  can  be  obtained. 

The  BLIMP  program  incorporates  a  modified  form  of 
W4u  *  relation  for  the  ablation  of  teflon  (Refs.  4  and 
5;  which  states  that  the  process  is  rate  controlled  over  the 
surface  temperature  range  of  interest.  Scala  had  assumed 
that  the  ablation  of  teflon  is  a  quasi-steady  depolymeri¬ 
zation  process  according  to  Ref.  6  where  the  depolymeriza¬ 
tion  of  the  teflon  polymer  is  considered  of  first  order 
with  respect  to  the  weight  of  the  solid.  He  also  retained 
the  combustion  term  in  the  equation,  which  greatly  improved 
the  agreement  between  predicted  and  observed  ablation  rates. 
Other  assumptions  which  make  the  program  quite  general  for 
various  applications  are  that  (a)  surface  reactions  and 
reactions  through  the  boundary  layer  and  discontinuous  wall 
corresP°n<ling  to  a  change  in  material  are  allowed, 
(b)  the  flow  is  in  equilibrium  except  that  certain  species 
may  be  considered  frozen,  or  allowed  to  react  at  finite  rates, 
(c;  there  is  an  option  that  allows  equal  or  unequal  diffusion 
and  thermal  diffusion  coefficients,  (d)  the  entropy  layer, 
energy  balance,  or  mass  balance  concepts  can  be  used.  For 
the  present  application,  the  options  of  a  reacting  surface 
an  equilibrium  air  boundary  layer,  unequal  diffusion 
coefficients,  and  a  discontinuous  wall  condition  were  used. 

The  latter  was  required  because  of  the  non-ablating  cold 
nozzle  wall  upstream  of  the  teflon  ducts. 

(U)  The  CMA  program  allows  the  transient  in-depth 
prediction  of  wall  temperatures.  This  program  is  also  very 
flexible.  Its  basic  assumptions  are  that  (a)  a  maximum  of 
three  components  are  allowed  for  the  ablator  -  two  resins 
and  one  reinforcement,  (b)  the  density  history  follows  an 
Arrhenius -type  law,  (c)  the  pyrolysis  gases  are  in  equilib¬ 
rium  with  the  char,  (d)  the  pyrolysis  gases  pass  out  of 
the  material  Immediately,  (e)  coking  cannot  occur,  (f)  the 
cross-sectional  area  can  vary  and  (g)  the  conduction  is 
one— dimensional •  The  CMA  can  be  run  with  any  one  or  a 
combination  of  three  options.  These  are  (a)  a  specified 
surface  chemistry  to  define  the  film  coefficient,  (b)  a 
specified  surface  temperature  and  recession  rate  and  (c)  a 
specified  radiation  view  factor  and  flux.  The  program  was 
used  with  option  (b)  above.  Together  with  the  BLIMP  it  was 
used  to  predict  the  transient  behavior  of  the  teflon  ducts. 
Most  of  the  data,  discussed  later  on,  were  compared  with 
the  transient  solution,  since  it  was  found  that  the  time 
for  reaching  steady  state  was  comparable  to  the  testing 
time. 
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(U)  Unfortunately,  the  BLIMP-CMA  procedure  has  as  of 
now,  no  turbulent  boundary- layer  option.  As  a  consequence, 
the  data  obtained  with  turbulent  boundary  layers  along  the 
duct  wall,  could  not  be  compared  with  predictions.  However, 
numerical  procedures  were  devised  to  analyze  the  experimental 
data  to  the  extent  considered  essential  for  the  substructure 
heating  studies.  It  combined  a  computational  program  appli¬ 
cable  to  turbulent  boundary  layers  on  non-ablating  walls, 
experimental  information,  wall  species,  and  temperature 
data  obtained  from  the  use  of  BLIMP.  The  computational 
program  (Ref.  7)  was  first  used  to  calculate  the  flow  and 
boundary-layer  data  through  the  nozzle  and  duct  for  the 
start  of  the  test.  The  measured  time-pressure  variation 
in  the  duct  during  the  test  was  then  used  to  correct  the 
boundary- layer  edge  condition  as  function  of  time.  The 
measured  wall  shear-stress  data,  together  with  the  BLIMP 
predicted  wall  conditions,  were  used  to  calculate  the  wall 
heating  rate,  assuming  the  validity  of  Reynolds  analogy. 

These  were  of  course  quasi-steady  statecomputations.  It 
was  felt  that  this  is  acceptable,  since  the  experimental 
shear-stress  data  indicate  that  for  the  turbulent  boundary- 
layer  test  runs,  steady-state  conditions  were  reached  in 
less  than  one  second. 

(U)  Measured  in-depth  wall  temperatures  recorded 
during  the  turbulent  boundary-layer  tests  were  compared 
with  numerical  predictions  obtained  by  using  the  finite 
difference  technique  of  Schmidt  allowing  for  the  receding 
surface  by  the  addition  of  an  ablation  term. 


RESULTS 


LAMINAR  BOUNDARY  LAYER  TESTS 

(U)  Six  test  runs  were  carried  out  at  a  Mach  number  of 
3,  a  supply  pressure  of  approximately  21  atmospheres  and 
stagnation  temperatures  of  about  9000*R.  Test  durations 
were  about  11  to  13  seconds.  The  pressure  distribution 
along  the  ducts  remained  essentially  unchanged  for  the 
duration  of  the  tests.  There  was  a  small  favorable  pressure 
gradient  due  to  an  overcompensation  of  the  boundary-layer 
growth.  The  recording  of  wall  temperatures  was  only  partly 
successful,  since  the  "receding”  surface  thermocouples 
failed  to  recede  and  showed  erratic  reading  once  exposed  to 
the  gas  flow.  The  onset  of  this  erratic  reading,  however, 
allowed  us  to  fix  the  onset  of  ablation  to  about  4  to  4  1/2 
seconds  after  the  start  of  the  tests.  The  gas-wetted 
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surfaces  of  the  ducts  developed  a  flossy,  waxy  surface 
presumably  attributable  to  one  of  the  teflon  degradation 
species.  This  has  been  generally  observed  by  other  investi¬ 
gators  (Refs.  4  and  7,.  A  yellow  to  brownish  discoloration 
evidences  that  combustion  has  taken  place. 

(U)  Two  of  the  ducts  show  longitudinal,  almost  parallel 
strlations  over  the  entire  length  of  the  duct  as  shown  in 
Fig.  4.  The  cause  of  the  strlations  isstill  speculative, 
there  was  no  recorded  difference  in  operating  conditions 
between  the  runs  where  the  strlations  were  produced  and  the 
others  where  the  surface  remained  smooth.  However,  the 
strlations  tie  in  with  conclusions  reached  during  the 
analysis  of  the  experimental  data,  as  will  be  discussed 
later  on.  Increased  ablation  is  observed  downstream  and 
upstream  of  the  pressure  orifices.  Downstream,  the  increased 
ablation  is  plume  shaped  and  extends  about  eight  diameters 
°r.:?e,PreS8ure  orlflco  beyond  the  orifice.  The  maximum 
?bouJ  two  diameters.  On  the  upstream  side,  the 
additional  ablation  did  not  occur  on  all  orifices  and  was 
confined  to  a  distance  of  two  or  three  orifice  diameters • 


(U)  For  all  laminar  tests,  no  ablation  was  measured  at 
the  duct  entrance  because  of  the  contact  with  the  water- 
cooled  nozzle.  Then  ablation  increased  very  rapidly  and 
reached  a  maximum  1  1/2  to  2  inches  from  the  duct  entrances. 
It  then  decreased,  as  expected  for  a  laminar  boundary  layer. 
But,  then  an  Inversion  occured  at  x  -  3.5  inches,  and  a 
second  maximum  appeared  at  x~  4.3  to  4.5  inches.  The 
’’normal”  behavior  was  well  predicted,  thoiigh  with  varying 
degrees  of  accuracy,  by  the  HLIMP-CMA  programs,  as  seen 
from  Figs.  5  and  6.  There  is  strong  evidence  that  the 
observed  anomaly  was  due  to  boundary-layer  transition.  The 
momentum  thickness  Reynolds  number  variation  along  the  duct, 
as  predicted  by  BLIMP,  showed  that  a  value  of  450  was 
reached  at  the  point  of  inversion,  which  was  sufficiently 
large  for  transition  to  occur.  The  calculated  boundary 
layers  exhibited  normal  laminar  velocity  profiles  prior  to 
the  point  of  inversion,  but  then  showed  inflections,  see 
Fig.  8,  a  strong  indication  of  instability  that  will  lead 
to  transition.  The  predicted  transitional  behavior  found 
support  in  the  parallel  strlations  that  developed  in  two  of 
the  tests.  Other  investigators  (Refs.  9  and  10)  have  found 
parallel  strlations  in  the  region  of  laminar  instability. 


(U)  The  first  shear-stress  measurements  were  made  at 
a  location  which  is  now  recognized  as  being  the  transitional 
region  of  the  duct.  The  balance  responded  very  rapidly  as 
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shown  in  Fig.  9  and  appeared  to  approach  the  predicted  steady- 
state  value  in  about  13  seconds.  The  minimum  exhibited  at 
t  -  4.8  seconds  was  first  erroneously  attributed  to  transients 
in  the  ablation  process.  In  a  repeat  test,  carried  out  to 
clarify  the  matter,  two  balances  had  been  installed  in  the 
same  duct,  one  in  a  definitely  laminar  region,  the  other  in 
the  transitional  region.  Readings  at  the  latter  location 
repeated  the  first  data,  while  in  the  laminar  region,  the 
shear  stress  was  found  to  decrease  uniformly  from  its  non- 
ablation  value,  as  shown  in  Fig.  10.  The  final  value  is 
about  36  percent  of  the  predicted  cold-wall -shear  stress 
and  agrees  with  the  BLIMP-CMA  prediction  within  22  percent, 
as  shown  on  Fig.  10. 

(U)  Steady-state  conditions  appeared  not  to  be  achieved 
during  any  of  these  tests;  this  was  also  shown  by  the  CMA 
calculation.  Fig.  11  is  a  plot  of  the  "heat  storage  term". 

It  has  to  vanish  for  steady-state  ablation.  At  t  -  12 
seconds  it  was  still  large  in  comparison  to  the  surface 
heating  rate  for  this  time,  that  is,  ~  10  BTO/ft^sec  as 
compared  to  the  surface  heat  transfer  of  158  BTU/ft2sec. 

(U)  Predicted  and  measured  in-depth  and  wall-surface 
temperatures  compared  quite  well.  The  in-depth  temperature 
measurements  were  made  with  thermocouples  installed  at 
various  locations  along  the  ducts.  Due  to  the  particular 
thermal  characteristics  of  teflon,  the  thermocouples  had  to 
be  Installed  at  depths  that  would  be  very  close  to  the 
surface  at  the  termination  of  the  tests,  and  the  thermo¬ 
couple  location  had  to  be  known  to  within  0.002  inch.  This 
was  not  quite  achieved.  It  is  believed  that  the  experimental 
data  were  accurate  to  not  better  than  10  percent.  The  over¬ 
all  agreement  with  prediction  was,  however,  surprisingly  good 
as  seen  from  Fig.  12.  No  explanation  has  been  found  for  the 
opposite  trends  of  experimental  and  computed  data.  Wall- 
surface  temperature  data  were  evaluated  from  the  measured 
ablation  using  the  Scala  relation  as  given  in  Ref.  5.  Only 
the  data  in  the  definitely  laminar  portion  of  duct  number 
2L  were  used.  The  agreement  with  the  BLIMP  prediction  is 
within  15*F  at  a  level  of  1300#F  or  1.2  percent  (Fig.  13). 

TURBULENT  BOUNDARY  LAYER  TESTS 

(U)  Five  test  runs  were  carried  out  at  a  Mach  number 
of  2.3,  supply  pressures  approximately  21  and  28  atmospheres 
and  temperatures  of  4300  to  4600*R.  The  boundary  layer  was 
fully  turbulent,  or  at  least  predicted  to  be  fully  turbulent, 
through  the  entire  length  of  the  duct.  Ablation  was  very 
pronounced  under  these  conditions,  and  the  duct  static 
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S,m«?«re+?eCreaS*?  very  raPldly  after  the  first  second  of 
as  8h0™  ln  «*•  W.  This  pressure  variation 
represented  a  change  in  flow  Mach  number  from  2.3  to  2  6 

StSlthin^1?  in  co"dltlons*  testing  time™* 

6,5  second8‘  F°ur  of  the  five  ducts  had 
longitudinal  and  transverse  cracks  instrumented  with  heat 

f*zed  ln  Tabl®  l'  The  values  of  h/b,  b/6* 
refer  to  the  cold-wall  conditions.  The  fifth  duct  was  used 

X:  ™fTnCe  t!st  for  duct  nu“b®r  4T  to  obtain  the  needed 
dltf  temperature ,  and  skin-friction  data.  Skin- friction 

data  were  also  obtained  with  duct  number  3T  for  the  21 
atmosphere  test  series. 

overa11  ablation  behavior  of  the  ducts  in  this 
Wa®  Z*ry*. unl,orm»  increasing  from  zero  at  the 
a.B,odera,te  maximum  at  x  -  1  inch,  and  then 
°5f  to  an  almost  constant  value  of  about  70  percent 
of  the  maximum.  The  total  amount  of  ablation  for  a  given 

IllUSini  til  h6aI  tJanSifer  Varied  lln®arly  with  time, 
allowing  the  onset  of  ablation  to  be  deduced.  It  was  deter. 

?;3  ,ec0nd-  W1  duets  exhibited  cri«"*tcS^ 

Patier?*  ShOWn  ln  Fig*  16‘  The  patterns  started 
immediately  at  the  duct  entrance  and  formed  more  regularly 

if  a  pressure  orifice  was  not  located  there.  The  cracks  had 

thS^S011?0®41  effect  on  the  striation  pattern;  they  altered 
or  ®v®n  caused  them  to  disappear  (Fie.  17) 

ferenr«dhU8trea?i.Slde  °f  lonBitudinal  cracks,  the  inter- 
f  th%?PaCJcxWake"  and  th®  striations  produced 

«:st?o*r:r?h(Sf;  i^.rlytic>i  *tudi«  « 
?A.,SL552tar“AtS 

theWdownotlg*  19,  For  th®  longitudinal  crack,  the  center  of 
Wali  ®*Peri®nced  practically  the  "cold-wa.U" 
surface  heating  rate.  For  the  bottom  of  the  crack  the 
heating  rate  (Fig.  20)  varied  first  almost litSSli  Jnh 

fiMtfl°i/5er°  to.0‘2.of  th®  surface  heating  during  the 

ii4. ?econd2  of  testing  time,  and  then  reached  100 
percent  of  the  surface  heating  within  the  next  3  A  second. 

orobablv^ndL*!®  upsJr®am  W«H  showed  an  erratic  behavior 
probably  indicative  of  changing  vortex  formation.  The 

hIhJ5Trtr8%?raCSi  beeting  rates  showed  a  more  moderate 

hea ting*^ ate**  21  *  peachlngr  at  b®8t  8  Percent  of  the  surface 

„  Unfortunately,  the  number  of  runs  and  the  range  of 

variations  of  parameters  was  insufficient  to  draw  firm* 
conclusions.  The  following  are  the  observations:  (a)  For 
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aspect  ratios  of  about  four,  the  heat  transfer  to  the  bottom 
of  the  crack  reaches  up  to  8  percent  of  the  duct  surface 
heat  transfer,  (b)  The  value  of  h/b  does  not  seem  to  be  a 
unique  correlating  parameter,  nor  does  b/5*  or  ReT ,  as  can 
be  seen  from  Table  2,  which  contains  all  data  obtained  for 
h/b  of  4.  This  has  not  yet  been  sufficiently  analyzed  to 
suggest  correlation,  (c)  With  increasing  depth  of  the 
crack,  the  heat  transfer  decreases  very  sharply  and  is  only 
1.0  to  1.8  percent  of  the  surface  heating  rate.  This  behavior 
is  consistent  with  Ref.  11  analytical  predictions  for  this 
range  of  h/b  and  ReT  as  is  shown  in  Fig.  22.  (d)  The  tempera¬ 

ture  records  show  some  very  Interesting  trends.  The  short 
duration  run,  duct  number  IT,  shows  a  uniform  rise  in  tempera¬ 
ture.  For  other  runs  a  periodic  behavior  is  exhibited,  or 
at  least  suggested* by  the  temperature  traces.  After  a 
uniform  rise  of  the  crack-bottom  temperature  for  a  certain 
time  there  follows  a  period  where  the  temperature  remains 
constant  for  some  time,  or  even  decreases,  then  the  temperature 
rises  again  at  about  the  initial  rate.  This  may  repeat  Itself 
several  times  in  one  recording  as  seen  from  the  temperature 
traces  of  Fig.  23.  The  same  periods  of  temperature  rise  and 
constant  temperature  are  not  necessarily  maintained  in  two 
cracks  in  the  same  duct.  This  observation  strongly  suggests 
that  vortex  flow  exists  in  the  cracks  with  the  number  of 
the  counter-rotating  vortices  being  some  multiple  of  the 
crack  width.  Then,  as  ablation  progresses,  the  crack  height 
is  reduced  and  the  width  increased  to  a  degree  that  the 
vortex  at  the  bottom  of  the  crack  can  no  longer  be  maintained; 
the  vortex  breaks  up  and  the  gas  becomes  more  or  less  stag¬ 
nant.  The  bottom  temperature  remains  constant  until  the 
next  vortex  has  reached  the  bottom  or  a  re  formation  has 
taken  place  to  fit  the  changed  height  and  width  of  the  crack. 

If  one  adopts  the  results  of  Ref.  12,  namely,  that  30  percent 
of  the  heat  transferred  across  the  dividing  streamline  atop 
of  a  cavity  is  transferred  at  the  bottom  of  the  first  vortex, 
and  so  on,  the  present  results  suggest  that  at  the  end  of  the 
tests  two  to  four  vortices  existed  in  the  transverse  cracks. 


SUMMARY  AND  CONCLUSIONS 


(U)  Supersonic  ablation  studies  with  teflon  were 
carried  out  in  the  NOL  3-Megawatt  Arc  Tunnel.  The  test 
conditions  were  selected  so  that  the  boundary  layer  in  the 
teflon  ducts  was  predicted  to  be  either  all  laminar  or  all 

♦The  authors  appreciate  that  ARAP  and  DASA  authorized  the 
use  of  these  unpublished  results. 
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turbulent.  Experimental  data  of  wall-static  pressure 

wereiobtaln!»Hte*v^+aiUrKi  skln  friction  and  heat  transfer 
i  r°tal  abiatlon  was  evaluated  from  the  wall 

JaS  veJv  MoIh^J?PJItability  °f  t6St  condlti°ns  and  results 
£?  d  th®  exception  of  the  so-called  surface 
thermocouples  that  were  Inadequately  matched  to  teflon. 

two  iniiwI?!-}a!!lilar^dat*  were  compared  with  the  results  of 
two  analytical  procedures,  the  HLIMP-CMA.  In  general  verv 

f n°rtK1?reeIIlenJi Was  *ound  hetween  experiments  and  predictions 

duct*8wl»le?  a?lati°U  *!!0!naly  in  the  Onstream  half  of  the 
WJ8  analy?fd  to  be  du®  to  laminar  instability  which 
was  probably  followed  by  transition. 

(U)  The  ducts  tested  under  turbulent  boundarv-laver 
?®ndlti°ns  5a?  in®trumented  transverse  and  longitudinal  cracks 
Jate^oJ  !“b8tructure  heating.  The  non-dimensional  heating 
rate  for  transverse  cracks  was  found  in  good  agreement  with 

aMlvt?J?irimentI1  data  and  the  Prediction  of  an  unpublished 
gaSie^o^the  Jhe  temperature  records  obtained  from 

gauges  on  the  bottom  and  side  wall  of  the  cracks  indicate  a 
changing  vortex  flow  in  the  cracks.  cracas  indicate  a 

(U)  Parallel  striations  were  found  in  two  of  the  laminar 

a:doCr??8-hatC!:ed  str*»tions  in  all  turbulent  ducts. 
Pressure  orifices  and  cracks  have  a  pronounced  effect  on  the 

Further  etudlee,  experimental ly.nd 
theoretically,  are  underway. 
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(U)  TABLE  1.  Operating  Conditions  and  Instrumentation 

Duct  Mach  Supply  Supply  Test 

Number  Number  Pressure  Temperature  Time  Instrumentation 

(atm)  (*R)  (sec) 


13  6  static-pressure 

orifices 


1L 

3.03 

20.3 

7700 

2L 

3.04 

21.4 

8800 

3L 

3.03 

22.0 

7870 

4L 

3.06 

22.45 

6600 

5L 

3.03 

22.0 

7560 

6L 

3.06 

22.3 

6220 

IT 

-2.3 

20.6 

4330 

2T 

-2.3 

20.6 

« 

4680 

3T 

~2  #  3 

21 

4320 

13 

4  surface  thermo¬ 
couples  -  6  static- 
pressure  orifices 

13 

4  thermocouple 
plugs  with  3 
thermocouples  per 
plug  -  6  static- 
pressure  orifices 

13 

1  skin-friction 
balance  -  6  static- 
pressure  orifices 

4  thermocouple  plugs 

13 

6  static-pressure 
orifices  -  1  longi¬ 
tudinal  and  1  trans¬ 
verse  crack,  each 
with  one  heat  gauge 

12 

2  skin-friction 
balances 

2.7 

3  static-pressure 
orifices  -  1  longi¬ 
tudinal  and  1  trans¬ 
verse  crack,  each 
with  one  heat  gauge 

5.7 

1  static-pressure 
orifice  -  longi¬ 
tudinal  crack  with 
three  heat  gauges 

1  transverse  crack 
with  one  heat  gauge 

4.2 

1  static-pressure 
orifice  -  2  trans¬ 
verse  cracks,  each 
with  one  heat  gauge 
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Duct 

Number 

Mach 

Number 

Supply 

Pressure 

(atm) 

Supply 

Temperature 

CR> 

Test 

Time 

(sec) 

Instrumentation 

3AT 

~2#3 

/ 

21 

4320 

6.4 

2  static-pressure 
orifices  -  2 
transverse  cracks, 
each  with  one  heat 
gauge  -  1  skin- 
friction  balance 

4T 

~2  #  3 

28.5 

4330 

4.4 

2  static-pressure 
orifices  -  3 
transverse  cracks, 
each  with  one  heat 
gauge 

5T 

~4.i 

25.5 

4330 

4.6 

3  static— pressure 
orifices  -  3  in- 

depth  thermo¬ 
couples  -  1  skin- 
friction  balance 
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Altitude  in  thousands  of  feet 
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(U)  FIG.  1  Stag  nation -Point  Pressure  vs  Stagnation  Enthalpy  for  a 
2500  Nautical  Mile  Minimum  Energy  Trajectory 
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PQ  ■  21  atm 
T0  ■  8800°R 


HQ  •  3643  BTU/lb 
T  ■  13  sec 

— i - 1 - 1 - 1 _ i  i 

1  2  3  4  5  6 

Axial  Distance  from  Duct  Entrance  (inches  I 

(Ul  FIG.  5  Predicted  and  Measured  Total  Recession 


VOI.  z 


(U)  FIG.  6  Predicted  and  Measured  Total  Recession 
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Normalized  Velocity  (u/u 


2  4  6  8  10 

Wall  Distance  Parameter  (tj) 

(U)  FIG.  8  Calculated  Velocity  Profiles 


Balance  Reading 

[] 

Predicted  Response 

mm 

1—1  I  I  l  l  i  i  i  i  l  l  i 

1  2  3  4  5  6  7  8  9  10  11  12  13 

Time  (seconds) 


(U)  FIG.  10  Wall  Shear  Response 
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Heating  Time  (seconds) 

(U)  FIG.  11  CMA  Predicted  Approach  to  Steady  State  Ablation 
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Measured  Data 
X  ■  1.25  in 
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Testing  Time  (seconds ) 

(U)  FIG.  12  Predicted  and  Measured  In-Depth  Temperatures 
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Location  of 
Static  Orifices 
(0.06  in.  dia) 


Vol 


Location  of  Skin 
Friction  Balance 
(0.375 in.  dia) 
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Downstream  Wall 


Bottom 

(Center) 


•  Duct «  IT 
A  Duct  #  2T 

M  -  2.3 
PQ  •  21  atm 


4680*it 
1123  BTU/lb 


Upstream  Wall 


Testing  Hme  (seconds! 

(U)  FIG.  19  Temperature  Variation  for  Longitudinal  Cracks 
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RECENT  PROGRESS  IN  THE  CALCULATION  OF 
TURBULENT  BOUNDARY  LAYERS 
(U) 


(Paper  UNCLASSIFIED) 
by 

Tuncer  Cebeci,  A.M.O.  Smith,  and  G.  Mosinskis 
McDonnell  Douglas  Corporation 
Douglas  Aircraft  Company 
Long  Beach,  Calif.  90801 


ABSTRACT,  (u)  In  the  seventh  BOWACA  symposium  on  aerobalListics 
held  at  Point  Mugu  in  June  1966,  A.M.O,  Smith  and  his  coworkers  pre¬ 
sented  the  governing  boundary-layer  equations  for  incompressible  and 
compressible  turbulent  flows  and  outlined  a  general  method  of  solution 
for  these  equations.  Some  results  were  given  for  the  case  of  incompres¬ 
sible  flows. 

(U)  The  present  paper  reviews  our  progress  in  this  area  since  the 
last  meeting  and  presents  a  few  comparisons  of  the  many  calculated  ar:d 
experimental  results  for  incompressible  and  compressible  turbulent  flows 
with  and  without  heat  transfer  for  Mach  numbers  up  to  5.  Based  on  the 
comparisons  made  so  far,  it  can  be  said  that  the  method  is  quite  accu¬ 
rate  and  fast;  a  typical  compressible  turbulent  flow  can  be  calculated 
in  less  than  two  minutes  on  the  IBM  360/65  computer. 
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INTRODUCTION 


(U)  In  the  seventh  BOWACA  symposium  on  aeroballistics  held  at 
Point  Mugu  in  June  19 66,  A.M.O.  Smith  and  his  coworkers  presented  the 
governing  boundary-layer  equations  for  incompressible  and  compressible 
turbulent  flows  and  outlined  a  general  method  of  solution  for  these 
equations  [l].  The  numerical  method  was  the  one  that  was  developed  at 
Douglas  under  contract  NOw  60-0533c  for  solving  laminar  boundary-layer 
equations  and  was  based  on  the  shooting  technique.  The  fluctuation 
terms  in  these  equations  were  eliminated  by  means  of  eddy-viscosity  and 
eddy-conductivity  concepts.  Some  results  were  given  for  the  case  of 
incompressible  flows. 

(U)  Since  that  time  much  progress  has  been  made  and  very  encourag¬ 
ing  results  have  been  obtained  in  this  important  area.  First,  the 
computation  time  has  been  reduced  drastically  by  replacing  the  shooting 
method  by  an  implicit  finite-difference  method  without  sacrificing  accu¬ 
racy.  For  example,  with  the  present  method  a  typical  incompressible 
turbulent  flow  can  be  calculated  approximately  in  one  minute,  and  a  typ¬ 
ical  compressible  one  can  be  calculated  in  less  than  two  minutes  on  the 
IBM  360/65  computer. 

(u)  Second,  the  method  has  been  well  explored  for  incompressible 
turbulent  flows  with  and  without  heat  transfer  and  good  results  have 
been  obtained.  Out  of  the  twenty-five  different  turbulent -boundary- 
layer  prediction  methods  presented  at  the  Stanford  Conference  held  this 
past  summer  at  Stanford,  tie  Douglas  method  [2]  was  evaluated  to  be  one 
of  the  methods  placed  in  the  top  group.  Third,  the  boundary- layer  equa¬ 
tions  that  are  being  solved  account  for  the  transverse-curvature  effects 
which  become  quite  important  in  predicting  boundary-layer  growth  on 
slender  bodies  of  revolution  such  as  certain  missiles  or  at  the  tail  of 
a  streamlined  body  of  revolution.  The  present  method  was  used  to  com¬ 
pare  the  available  experimental  data  for  such  cases.  The  results  were 
quite  good.- 

(U)  Fourth,  the  method  has  been  explored  for  a  good  number  of 
adiabatic  compressible  turbulent  flows  with  and  without  pressure  gradi¬ 
ents  for  a  range  of  Mach  numbers  up  to  5  and  again  good  agreement  with 
experiments  was  obtained.  At  present  the  method  is  being  explored  for 
compressible  turbulent  flows  with  heat  and  mass  transfer. 

(U)  The  following  sections  describe  the  method  and  present  several 
comparisons  of  calculated  and  experimental  results  for  incompressible 
and  compressible  turbulent  flows. 
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BASIC  EQUATIONS 


BOUNDARY-LAYER  EQUATIONS 

(U)  If  the  normal-stress  terms  are  neglected,  the  compressible 
turbulent  boundary- layer  equations  for  two-dimensional  and  axisymmetric 
flows  can  be  written  as  in  [3]: 


Continuity 

Sx  (rKpu)  +  57  [^(PV  +  P’v')| 


=  0 


(0 


Momentum 


pu 


du 

57 


(pv 


C’v,)  57  =  PeUe  if  +  T  If  |rk(*'  -  ou'v’)l  <2> 


Energy 


pu  ^  +  (pv  +  p’v')  ^ 


57 


1_  a 
k  57 


k  >1  dH  -TTT7 

r  ---  r - pv'H' 

Cp  57 


+  p 


.  du 

kI  u  57 


(3) 


where  k  =  0  for  two-dimensional  flow  and  k  =  1  for  axisymmetric  flow. 

(U)  The  basic  notation  and  scheme  of  coordinates  are  shown  in 
Fig.  1,  where  u^  is  a  reference  velocity,  ue(x)  is  the  velocity  just 
outside  the  boundary  layer,  He  is  the  total  enthalpy  outside  the  bound¬ 
ary  layer,  and  he  is  the  local  enthalpy  outside  the  boundary  layer. 

The  coordinates  are  a  curvilinear  system  in  which  x  is  distance  along 
the  surface  measured  from  the  stagnation  point  or  leading  edge.  The 
dimension  y  is  measured  normal  to  the  surface.  Within  the  boundary 
layer,  the  velocity  components  in  the  x-  and  y-directions  are  u  and 
v,  respectively.  The  body  radius  is  r0. 

(u)  In  these  equations,  the  transverse-curvature  effect  (TVC)  is 
retained  because  of  its  importance  in  predicting  boundary-layer  growth 
on  slender  bodies,  such  as  certain  missiles  or  at  the  tail  of  a  stream¬ 
lined  body  of  revolution.  In  such  cases  the  radius  of  the  body  may  be 
of  the  same  order  of  magnitude  as  the  thickness  of  the  boundary  layer, 
and  neglect  of  this  effect  could  be  quite  important. 

(u)  The  boundary  conditions  are: 


Momentum 


u(x,0)  =  0 
v(x,0)  =  0 
lim  u(x,y) 

y 


or 


v(x,0)  =  vw  (mass  transfer) 


ueM 
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Energy 

H(x,0)  -  K„  or  |  (x,0)  .  ($)  , 

w 

lim  H(x,y)  =  H  (x) 
y  -»  oo  e 


FORMULATION  OF  EDDY  VISCOSITY  AND  TURBULENT  PRANDTL  NUMBER 

(U)  In_°rder  to  solve  Eqs.  (l),  (2),  and  (3),  it  is  necessary  to 
relate  -u'v',  the  Reynolds  shear-stress  term,  and  the  -vTTTr  term  to 
the  dependent  variables  u(or  v),  and  H,  respectively.  Here  we  use 
eddy-viscosity  (e)  and  eddy-conductivity  (At)  concepts,  and  set 


-u  'v'  =  e 

dy 

(6) 

and 

-Tut  =  A,  P 
t  dy 

(7) 

Equation  (7)  can  also  be  written  as 

Prt  % 

(8) 

by  defining  the  turbulent  Prandtl  number  as 


(U)  The  expression  for  e 
mixing-length  theory;  tha.t  is, 


Prt  = 


C_€ 


/\- 


Gi  =  * 


du 

¥ 


in  the  inner  region  is  based  on  Prandtl1 


(9) 


where  £,  the  mixing  length,  is  given  by  £  =  k,y.  A  modified  expres¬ 
sion  for  £  is  used  in  Eq.  (9)  to  account  for  the  viscous  sublayer 
close  to  the  wall.  This  modification,  suggested  by  Van  Driest  [4],  is 


i.^yjl-exp  (-%)] 


(10) 

where  A  is  a  constant  for  a  given  streamwise  location  in  the  boundary 
layer,  and  is  defmed  as  26v(xw/p)-l/2,  with  w  denoting  values  at 
the  wall.  Equation  (lO)  was  developed  for  a  flat  plate.  Here,  we 
modify  the  constant  A  to  account  for  pressure  gradient.  From  the 

momentum  equation  it  follows  that  the  shear  stress  close  to  the  wall 
may  be  written  as 


t  = 


x  + 
w 


dx 


If 


A  is  defined  as  26v(x/p)  P/P,  the  constant  becomes 

2 6v&  +  p-  Z)~l/2 

'p  dx  p/ 


(11) 


(12) 
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Then  the  expression  for  inner  eddy  viscosity  becomes 


e . 
i 


1  -  exp 


Z\ 

dx  p  J 


2 


8u 

8y 


(13) 


(u)  The  expression  for 
stant  eddy  viscosity,  e0, 

e  =  k  u  5? 
o  2  e  K 


in  the  outer  region  is  based  on  a  con- 


(1«0 


modified  by  Klebanoff 's  [5]  intermittency  factor  7,  approximated  by 
the  following  formula 

-1 

(15) 

which  is  a  convenient  and  sufficiently  accurate  approximation  to  the 
error  function. 


7  = 


1  +  5-5 


(« 


(U)  The  choice  of  constants  k,  and  kj  in  the  eddy -viscosity 
formulas  depends  slightly  on  the  definition  of  the  boundary-layer  thick¬ 
ness  6.  As  in  several  previous  studies,  for  example,  Ref.  2,6,  the 
values  of  the  constants  k~  and  kp  are  taken  to  be  O.^O  and  0.0168, 
respectively,  and  5  is  defined  as  the  y-distance  for  which 

f'  =  0.995. 

(U)  The  constraint  used  to  define  the  inner  and  outer  regions  is 
the  continu  ty  of  the  eddy  viscosity;  from  the  wall  outward,  the  expres¬ 
sion  for  inner  eddy  viscosity  applied  until  tq  =  e0.  The  dividing 
point  is  yc.  Figure  2  shows  a  typical  eddy-viscosity  variation  across 
the  boundary  layer  for  a  flat-plate  flow. 


TRANSFORMATION  OF  BOUNDARY-LAYER  AND  EDDY-VISCOSITY  EQUATIONS 

(u)  Equations  (l),  (2),  and  (3),  which  are  expressed  in  the  coordi¬ 
nates  of  the  physical  plane,  require  starting  profiles,  but  these  equa¬ 
tions  are  singular  at  x  =  0.  For  this  reason,  we  first  transform  them 
as  in  previous  studies  to  a  coordinate  system  that  removes  the  singular¬ 
ity  at  x  =  0,  stretches  the  coordinate  normal  to  the  flow  direction, 
and  places  the  equations  in  an  almost  two-dimensional  form.  We  use  a 
combination  of  the  Probstein-Elliot  [7]  and  Levy-Lees  [8]  transformations. 

/r  pu  .k 

«-Wo\r/  *•  ~  7177 ~(z)Ay  (l6) 

If  a  stream!  function  V  is  introduced  such  that 
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and  if  \|/  is  related  to  a  dimensionless  stream  function  f  as 

t(x,y)  =  (2g)1/2f(^n)  (18) 

then  the  momentum  equation,  Eq.  (2),  and  the  energy  equation,  Eq.  (J), 
become : 

Momentum 


(1  +  t)2k  C(l  +  e+)f " 


+  ff"  +  p 


—  -  (f')2 
P  v  ' 


,f. 


Energy 


(19) 


/  \  ,,2  /  . 

(1  +  t)2k  c 

L\  Prt/  *  «e  \  *}  \ 

_  _  =2E(f'|-8'|)  (20) 

after  the  terms  -u'v'  and  -v'H'  are  replaced  by  the  relations  given 
by  Eqs.  (6)  and  (8).  In  Eqs.  (19)  and  (20),  t  is  the  transverse- 
curvature  term,  p  is  the  pressure-gradient  term,  C  is  the  viscosity- 
density  term,  and  e+  is  the  ratio  of  eddy  viscosity  to  kinematic 
viscosity.  They  are  defined  as  follows: 


t  = 


1  + 


1  + 


1/2 


ue  d5 


=  _EtL_ 

p  p 
e  e 


+ 

e 


£ 

V 


The  dependent  variables  f’  and  g  in  Eqs.  (19)  and  (20)  are  dimension¬ 
less  velocity  and  total-entha  ;y  ratios,  respectively,  defined  as 
f'  =  u/ue  and  g  =  H/He.  It  can  be  seen  from  Eqs.  (19)  and  (20)  that 
setting  k  =  0  reduces  the  boundary- layer  equations  to  two-dimensional 
form.  For  axisymmetric  flow  with  no  transverse-curvature  effect,  k  =  1 
and  t  =  0,  which  indicates  that  the  ratio  of  r  to  rn  is  unity, 
since  0 


r  =  rQ  +  y  cos  a 

and  t  in  the  physical  plane  is  defined  as  t  =  (y  cos  a)/r  .  Further¬ 
more,  if  e+  is  zero,  Eqs.  (19)  and  (20)  reduce  to  a  class£cal  form 
of  the  compressible  laminar  boundary- layer  equations. 
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(U)  The  boundary  conditions  given  by  Eqs.  (4)  and  (5)  become: 
Momentum 

„  \  -  _ 

or 


f(l,o)  ^  fw  =  0 


fw  "  (21) 


f'U,o)  =  0 

Energy 

H 

_w 

K 

e 


W<y 


k  p  v 

W  W  / 

d|  (mass  transfer) 


p  p  u 
e  e  e 


lim  f'(|,n)  = 

TJ  — *  00 


gU,°)  =  if  =  or  g^(i,0)  =  g^ 


lim  §(  I)  tj)  =  1 

T)  ->  oc. 


(21a) 

(21b) 

(22a) 

(22b) 


Similarly,  we  can  transform  the  eddy-viscosity  expressions  by  using  the 
transformation  given  by  Eqs.  (l6)  and  (l8).  In  dimensionless  form,  the 
expression  for  eddy  viscosity  for  the  inner  region  becomes 


h  ■ k?  (ir)  V1  +  *>k  lfi  ^ 


1  —  exp 


A  ,r  ft* 

-Mr)  Y 


( 


ff ..  pw  MW  pe  pe 

f - i 72~e 


w  p 


(2  i)' 


(2t) 


172 


0Y 


n 


(25) 


where 


*i  0 


£.121} 

► 

e 


m  Y'/  (l  +  t)*k(r)d" 


For  two-dimensional  and  axisymmetric  flows,  the  definition  of  displace¬ 
ment  thickness,  5^,  used  in  the  outer  eddy-viscosity  expression  is 


CJO 

■H'-k) 


dy 


(24) 
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becomes10  temS  °f  ^  transformation  defined  by  Eqs.  (l 6)  and  (l8), 


^r(rjf 


(i  +  t)  —  (i  —  f  * 


(U)-i\iS  t0  be  noted  that  the  definition  of  6*  for  axisymmetric 

wSEr51**5  *-"™:  =■"  “ = 

■/(%)(-%)* 

which  can  be  related  to  two-dimensional  5*  as  follows: 


“  -  1  +  1  + 


j 

two-dim. 


In  the  outer  eddy-viscosity  expression,  however,  the  bt  is  used  as  a 

gSCbTEa  US  defi"lti°”  — unchanged  from  that 

S+SvJiS*  f°r  6lther  incomPressible,  compressible,  or  axisym¬ 
metric  flows  with  transverse-curvature  effects. 

<U>  Ia  dimensionless  form,  the  expression  for  the  outer  eddy 
viscosity  then  becomes  u<y 


■>'*($  k^ll' 

Lo 


(1  +  t)"k  ^  (1  -  f-)dT)  y  (gg) 


where  y,  as  defined  by  Eq.  (15),  now  becomes 

f  f  n  16)"1- 


y  =  <1  +  5.5 


J  (1  +  *)"*  Pe/P 

0 _ 

1?  00 

J  (1  +  4)  °e/p 
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(u)  Fluid  properties  that  appear  in  the  momentum  and  energy 
equations  are  density  (p),  viscosity  (p),  specific  heat  at  constant 
pressure  (cp),  and  therma]  conductivity  (A,).  The  latter  appears  in 
the  energy  equation  through  the  laminar  Prandtl  number,  Pr,  defined 
as  Pr  =  Pcp/Ag. 

(U)  The  present  method  is  developed  so  that  arbitrary  fluid  proper¬ 
ties  may  be  used.  In  other  words,  the  fluid  properties  are  inputs  in 
the  computer  program  in  the  form  of  formulas  or  tables  as  functions  of 
temperature.  In  this  study,  air  is  treated  as  a  perfect  gas,  and  the 
luid  properties  p  and  p  are  assumed  to  be  functions  of  specific 
enthalpy  only;  the  specific  heat  of  air  at  constant  pressure,  c  ,  is 
assumed  to  be  constant  and  equal  to  6035  ft2/sec2  °R.  The  viscosity  p 
is  obtained  from  Sutherland's  law  expressed  as 


p 


-(t) 


k3/2  h  + 
1  00 


1.19^93  x  10 1 £ 


h  +  _1.19U93  x  106  ^ 

The  density-enthalpy  relation  is  obtained  from  the  equation  of  state  and 
rom  the  assumption  that  static  pressure  remains  constant  within  the 
boundary  layer.  Prandtl  number  is  an  input  to  the  computer  program. 


METHOD  OF  SOLUTION 

SOLUTION  OF  THE  MOMENTUM  EQUATION 

Befo*?  we  solve  Eqs.  (19)  and  (20)  by  an  implicit  finite- 
difference  method,  we  first  linearize  Eq.  (19).  Introducing  a  trans¬ 
lated  stream  function  <p  defined  by  <p  =  f  -  tj  and  replacing  the 
streamwise  derivatives  by  three-point  finite-difference  formulas  at 
l  Sn,  which  permits  arbitrary  spacing  in  the  5-difection,  we  get 

[(1  +  t)2k  0(1  +  £+)cp"]  +  (<p  +  n)9”  +  3[(pe/p)  -  (9-)2_  2(p._  X] 

=  2{[(<P'  +  0(^9'  +  Aa«p^_1  +  Ajtp^) 

(28) 


“»"(V  A2Vl 


Vn-2» 


where  for  simplicity,  the  subscript  n  is  dropped.  At  5=5,  the 

fo™i^eS  A8>  and  A2  are  the  usual  Lagrangian  interpolation 
formulas  and  are  known,  and  the  quantities  having  the  subscripts  n-1 

trt  -i””2  ar®, knovm  £^nctions  of  11  from  solutions  obtained  at  the  two 
previous  stations.  Thus,  at  |  =  £n,  Eq.  (28)  is  an  ordinary  differ? 
ential  equation  in  tj.  There  is  no  problem  of  starting  the  solution 
because  the  terms  with  streamwise  derivatives  disappear,  since  E  -  0 
At  the  next  station,  tp  the  three-point  fomulaf arerepUcedby 
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two-point  formulas;  at  all  stations  farther  downstream  the  three-point 
formulas  are  used. 

(u)  To  linearize  Eq.  (28),  we  assume  that  certain  terms  that  make 
the  equation  nonlinear  are  known  from  the  previous  iteration;  that  is, 

[(1  +  t)2kCQ(l  +  e4)Qcp"]  +  (cpQ  +  q)q>"  +  0[(Pe/p)Q-  q£q>'-  2q>'-  1] 

=  2£[(<p^+l)(A1(p'+A2qg-1+A3^_2) 

-^(V+A2Vl+Vn-2)3  (293 

The  subscript  o  indicates  that  the  function  is  obtained  from  a  previous 
iteration. 

(u)  The  solution  of  Eq.  (29)  is  obtained  by  an  implicit  finite- 
difference  method  after  the  dependent  variable  cp  has  been  replaced  by 
the  perturbation  terms  =  q>  -  cp0,  5?'  =  cp*  -  q£,  etc.*  A  finite- 
difference  pattern  in  the  shape  of  a  horizontal  T  involving  three 
points  in  the  5-direction  and  five  points  in  the  q-direction  is  used. 

See  Fig.  3.  The  resulting  algebraic  equations  are  solved  by  the  Choleski 
matrix  method. 


SOLUTION  OF  THE  ENERGY  EQUATION 

(U)  The  method  of  solution  of  the  energy  equation  is  similar  to 
that  of  the  momentum  equation.  Again  the  5-derivatives  are  replaced  by 
finite-difference  formulas  that  are  identical  to  those  in  the  momentum 
equation.  The  energy  equation  is  solved  by  an  implicit  finite-difference 
method.  However,  this  time  the  five  points  in  the  q-directions  are 
replaced  by  three  points  because  the  energy  equation  is  of  second  order. 

(U)  For  details  of  the  solutions  of  both  the  momentum  and  the 
energy  equations  see  Ref.  9. 


VARIABLE-GRID  SPACING  IN  THE  q-DIRECTION 

(u)  Hie  finite-difference  formulas  used  in  both  the  momentum  and 
the  energy  equations  contain  a  variable  grid  in  the  q-direction,  which 
permits  shorter  steps  close  to  the  wall  and  longer  steps  away  from  the 
wall.  Hie  grid  has  the  property  that  the  ratio  of  lengths  of  any  two 
adjacent  intervals  is  a  constant;  that  is,  =  kAq,  ...  The  distance 

to  the  i-th  grid  line  is  given  by  the  following  formulai 


\ 


1 

1 


i  =  0,  1,  2,  3,  ...  N  (30) 


*The  reason  for  choosing  cp  rather  than  f,  and  rather  than  cp, 
is  that  the  round-off  errors  are  reduced. 


360 


TlL  of  the  step  and  i  =  N  when 


x  --  - q™  wuv  a xi  do  step  ana 

llTTeK  !  T.oTtely  represents  the  ^-spacing  for  t,.  =  100, 


hi 


^00* 

0.01 


STARTING  THE  SOLUTION 

laming  T  T"*"'*** 

:i£<,r%*Tuz  T\  -r  "  ^  ££2?  «ge 

spe=i?LAuL„  *Le  g  >  0  aSinf  “  ToT  **  ^ 

calculation  can  also  be  started  at  a™  S*  i  J?  beCOme  ?onzero*  A 
tial  velocity  and  enthalpy  profiles  are  specified?'  Oriourse^for^1" 

incompressible  flows  with  no  heat  transfer  it  is  only  necessary  ?o 
specify  the  velocity  profile.  Y  necessary  to 

are  taL^at31?6 -  ?*  c*Be/hen  in“ial  «locitT« and  enthalpy  profiles 
eaustinn<!  n+.  t  _  £n"^  and.we  seek  a  solution  to  momentum  and  energy 

enthalpy  profiles  Iff  g  !  firS*  and^t^t  S'  flUld  propertieE  the 

equation. ^Before ^the  J* 

&-x.aa.s^-ir,srsi«s^s2. 2^ 

the  eddy-viscosity  equations.  With  this  information  a  sol^on  of  fhf 

SSS  e^0fluiid°btalnef.and  COTB^ent^  *  solution^of^the°energy 
t?nf  a  !ld  properties  obtained  for  that  particular  sol^ 

established  and  *^1°™  for  the  eddy-viscosity  formulas  are 

cion  1  An  dfthS  momentum  and  energy  equations  are  solved  in  succes- 

is°used*?  ^  JOT  flow^diagram  TTT  “  *  “*  * 
etrelU>  t£  T'T  ‘ST 

at  Ja-  T  S  it  if  nand  ltS  d*rivatives  are  obtained  froiAheralfes 
for  \  >?nM  ^"TT  t0  mke  an  assumPbion  for  these  values 
thickness  at  e1-  ^  p  1S  the  transf°™ed  boundary-layer 

r^eKva^ehi;  ££?£!?*  [  ^  iff  "  * 

feo st*  ~~ -  toA:r<" 


*For  laminar  flows,  the  convergence  criterion  is  based  only  on  f". 

w* 


361 


8th  Navy  Symposium  on  Aeroballistics 


Vol.2 


ACCURACY  OF  THE  NUMERICAL  METHOD 


(u)  The  ultimate  test  of  a  numerical  method  is  a  comparison  of 
calculated  results  with  exact  solutions  and  with  experiments.  For 
laminar  flows  there  are  many  analytically  obtained  solutions  as  well  as 
solutions  obtained  by  well-tested  and  well-established  numerical  methods. 
On  the  other  hand,  there  are  no  exact  solutions  for  turbulent  flows,  and 
all  one  can  do  is  to  compare  the  calculated  results  with  experiments. 
Since  the  turbulent  boundary- layer  equations  must  contain  some  empiri¬ 
cism  in  them  because  of  the  fluctuation  terms,  it  is  necessary  to  estab¬ 
lish  the  accuracy  of  a  numerical  method  before  one  can  investigate  the 
validity  of  the  assumptions  made  for  the  fluctuation  terms.  In  addition, 
it  is  quite  useful  to  study  the  characteristics  of  the  numerical  method, 
such  as  computation  speed,  rate  of  convergence,  etc. 

(U)  Such  a  study  has  been  made  for  the  present  method  in  Ref.  9* 
Various  incompressible  and  compressible  laminar  flows,  and  incompres¬ 
sible  turbulent  flows  have  been  calculated  by  this  method,  and  compari¬ 
sons  with  exact  solutions,  numerical  solutions,  as  well  as  experimental 
flows  have  been  made.  In  all  cases,  the  method  was  found  to  be  com¬ 
pletely  accurate  for  both  laminar  and  turbulent  flows.  The  investiga¬ 
tion  showed  also  that  the  computation  time  was  very  small.  In  general, 
a  typical  flow,  either  laminar  or  turbulent,  consists  of  about  twenty 
x-stations.  The  computation  time  per  station  is  about  one  second  for 
an  incompressible  laminar  flow  and  about  two  to  three  seconds  for  an 
incompressible  turbulent  flow  on  the  IBM  360/65.  Solution  of  energy 
equation  in  either  laminar  or  turbulent  flows  increases  the  computation 
time  about  one  second  per  station.  For  further  details,  such  as  effect 
of  A|  and  Aq-spacings  on  the  computation  time,  accuracy,  rate  of 
convergence,  see  Ref.  9- 


COMPARISONS  OF  CALCULATED  AND  EXPERIMENTAL  RESULTS 

(U)  In  this  section  we  present  comparisons  of  calculated  and 
experimental  results  for  several  incompressible  and  compressible  turbu¬ 
lent  flows  obtained  by  the  present  method  discussed  in  the  previous 
sections.  It  should  be  pointed  out  that  these  comparisons  are  just  a 
few  of  the  many  flows  investigated  by  this  method,  and  the  reader  should 
see  Refs.  2,  6,  10,  11,  and  12  for  further  comparisons. 
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TWO-DIMENSIONAL  FLOWS 

(U)  A  large  number  of  two-dimensional  turbulent  flows,  such  as 
flat-plate  flows,  equilibrium  flows  in  favorable  and  in  adverse  pres¬ 
sure  gradients,  and  nonequilibrium  and  separating  flows,  have  been 
calculated  by  this  method.  The  results  were  presented  at  the  special 
symposium  held  at  Stanford  in  August  19 68.  In  most  of  these  flows,  the 
agreement  between  calculation  and  experiment  was  quite  satisfactory 
(see  Refs.  2  and  12).  Here  we  present  a  comparison  of  calculated 
results  with  experiment  for  flat-plate  flows  with  and  without  mass 
transfer. 

(U)  Figure  7a  shows  a  comparison  of  local  skin-friction  coeffi¬ 
cients  calculated  by  the  present  method  and  those  calculated  by  the 
Prandtl-Schlichting  formula  (Ref.  13)  for  a  flat-plate  flow, 

cf  =  (2  log10  Ex  -0.65)"2-3  (5!) 


as  well  as  experimental  values  and  Coles'  line  (Ref.  lb).  The  experi¬ 
mental  values  are  taken  from  Ref.  14.  Figure  7b  shows  a  comparison  of 
calculated  results  with  experiment  and  with  those  given  by  the  univer¬ 
sal  logarithmic  velocity 


u 

u* 


=  5-75  log10 


ml  + 

v 


5.10 


(32) 


at  Rx  =  and  Figure  7c  shows  a  comparison  of  calculated 

results  with  experiment  and  with  those  given  by  the  logarithmic  velocity 
distribution  (Ref.  lb),  J 


=  2-80  -  5-75  Iog10  ^4.05  ^  (33) 

at  Rjr  =  108  and  1C>7.  Figure  7d  shows  a  comparison  of  calculated  and 
experimental  results  for  Klebanoff's  data  (Ref.  l4)  at  Rg  =  77,000, 

(U)  The  method  has  also  been  used  to  compute  flows  with  mass 
transfer.  Figure  8  shows  the  results  for  two  uniform  blowing  rates, 

vw/ue  =.°"r01T  and  0,?02>  for  the  boundary  layer  measured  by  Mickley 
and  Davis  [15],  and  Fig.  9  shows  the  results  for  two  uniform  suction 
rates,  vw/ue  =  ~  0.00312  and  —  0.00429,  for  the  boundary  layer 
measured  by  Tennekes  [16].  The  agreement  in  both  cases  is  quite  satis¬ 
factory. 


AXISYMMETRIC  FI0WS  WITH  TRANSVERSE -CURVATURE  EFFECTS 

(U)  When  the  radius  of  a  body  in  a  viscous  flow  is  of  the  same 
order  of  magnitude  as  the  thickness  of  the  boundary  layer,  the  trans¬ 
verse  curvature  effect  becomes  quite  important  and  strongly  affects 
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the  skin  friction  and  heat  transfer.  Extensive  analytical  study  of  the 
TVC  effect  has  been  made  for  laminar  flews,  but  not  much  work  has  been 
done  for  turbulent  flows.  In  Ref.  17,  Landweber  investigated  the  TVC 
effect  by  using  the  l/7th-power-law  velocity  profile  and  the  Blasius 
skin-friction  law.  Using  the  momentum  integral  equation,  he  found  that, 
at  a  given  value  of  momentum-thickness  Reynolds  number,  skin  friction  on 
the  cylinder  was  greater  than  that  on  a  flat  plate  and  that  the  boundary- 
layer  thickness  was  correspondingly  smaller.  In  Ref.  18,  Richmond 
reported  an  experimental  investigation  of  axisymmetric  boundary  layers. 

He  measured  the  velocity  profiles  on  various  slender  cylinders  and  esti¬ 
mated  the  skin  friction  by  the  "streamlines  hypothesis"  of  Coles  [19]. 

In  Ref.  20,  Yasuhara  described  experiments  on  an  axisymmetric  boundary 
layer  along  a  2Qran-diameter,  1750mm-long  cylinder,  to  investigate  the 
TVC  effect  on  the  velocity  profile.  He  measured  velocity  profiles  in 
laminar,  transition,  and  turbulent  regions.  His  laminar  velocity  pro¬ 
files  agreed  fairly  well  with  theory.  When  he  plotted  his  turbulent 
velocity  profiles  in  the  law-of -the -wall  coordinates  used  by  Richmond, 
he  observed  that,  as  the  boundary- layer  thickness  increased  relative  to 
the  body  radius,  the  profile  near  the  outer  layer  tended  to  bend  down 
relative  to  the  line  of  the  logarithmic -wall  law.  This  was  caused  by 
the  TVC  effect.  Recently,  Rao  [21]  extended  Coles'  law  of  the  wall  to 
thick,  axisymmetric  turbulent  boundary  layers  in  which  the  sublayer 
thickness  is  comparable  to  the  radius  of  transverse  curvature.  He 
showed  that  the  law  of  the  wall  very  close  to  the  wall  can  be  expressed 
in  the  form 


(3M 


rather  than  by  the  linear  relation  u/u*  =  yu*/v  of  two-dimensional 
flow  or  by  the  form  u/u*  =  yu*/v  (l  +  y/ 2a)  used  by  Richmond.  He 
stated  that  at  small  values  of  Iij  =  uea/v  there  was  a  50-percent  dif¬ 
ference  between  the  value  of  c^>  obtained  by  Richmond  with  the  stream¬ 
line  hypothesis  and  the  value  obtained  by  Eq.  (54). 

(U)  The  same  kind  of  flow  has  been  computed  by  the  present  method 
[10].  Figures  10  and  11  show  a  comparison  of  calculated  and  experimental 
velocity  profiles  for  the  boundary  layer  measured  by  Richmond.  Fig¬ 
ure  12  shows  a  comparison  of  calculated  and  experimental  law-of-the-wall 
profiles  in  the  axisymmetric  turbulent  boundary  layers.  Figure  15  shows 
a  comparison  of  calculated  and  experimental  velocity  profiles  for  the 
boundary  layer  measured  by  Yasuhara.  3he  results  indicate  that  the 
present  method  is  quite  accurate,  as  it  was  in  two-dimensional  flows. 


INCOMPRESSIBLE  FLOWS  WITH  HEAT  AND  MASS  TRANSFER 

(U)  The  results  obtained  by  the  present  method  for  two-dimensional 
incompressible  flows  with  heat  transfer  are  described  in  Ref.  2.  These 
flows  consist  of  flat -plate  flows  with  heating  and  cooling,  as  well  as 
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flows  in  both  favorable  and  adverse  pressure  gradients  with  cooling. 
Some  of  the  comparisons  are  presented  here. 

(u)  The  local  Stanton  number  is  defined  as 


St 


»euelHe  "  V 


(35) 


which,  in  terms  of  transformed  variables  can  be  written  as 


(36) 


FLAT-PLATE  FLOWS 

(u)  Figure  l4  shows  a  comparison  of  local  Stanton  numbers  and 
velocity  profiles  on  an  isothermal,  heated  flat  plate  measured  by 
Reynolds,  Kays,  and  Kline  [22].  In  the  calculations,  the  laminar  Prandtl 
number  was  assumed  to  be  0.70.  Figure  15  shows  the  computed  local 
Stanton  numbers,  together  with  the  experimental  values  obtained  by 
Reynolds,  Kays,  and  Kline  [25],  for  a  step  variation  of  wall  temperature. 

ACCELERATING  FLOWS 

(U)  Figures  1 6  and  17  show  the  results  obtained  for  two  accelera¬ 
ting  flows.  These  flows  were  measured  by  Moretti  and  Kays  [24],  In  the 
calculations,  the  experimental  temperature  difference  between  wall  and 
free  stream,  At(x),  and  the  velocity  distribution,  ue(x),  were  used 
as  in  Ref.  24.  This  is  the  reason  for  the  small  oscillations  that 
appear  in  the  calculated  values  of  Stanton  number. 


DECELERATING  FLOWS 

(u)  Figure  18  shows  a  comparison  of  computed  local  Stanton  numbers 
and  experimental  values  for  the  decelerating  flow  measured  by  Moretti 
and  Kays  [24],  together  with  the  experimental  streamwise  variations  of 
At(x)  and  ue(x).  Again,  the  agreement  is  quite  satisfactory. 

FLAT-PLATE  FLOWS  WITH  HEAT  AND  MASS  TRANSFER 

(u)  Several  examples  of  incompressible  turbulent  flow  with  heat  and 
mass  transfer  (suction  and  blowing)  have  been  computed  by  the  present 
method.  Figure  19  shows  a  typical  comparison.  Ifte  experimental  data  is 
due  to  Moffat  and  Kays  [25]. 
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COMPRESSIBLE  FLOWS  WITH  NO  HEAT  TRANSFER 


.  ^  ^  ^afge  number  of  two-dimensional  compressible  turbulent  flows 

with  no  heat  transfer  have  been  calculated  by  the  present  method.  The 
results  are  reported  in  Ref.  11.  Because  of  the  scarcity  of  experiments] 
in  tW  h  feSSUre  Sradients,  most  of  the  experimental  data  considered 
re  erence  were  for  flat-plate  flows  covering  a  range  of  Mach 
numbers  up  to  %  Only  one  two-dimensional  accelerating  flow  and  one 
axi symmetric  flow  with  and  without  transverse-curvaturf  effect  were 
considered. 


FLAT-PLATE  FLOWS 

(U)  Figure  20  shows  comparisons  of  calculated  and  experimental 

Joi°tCh^hPr0fleS;  Pr0fUeS’  and  skin-frietior^coefficients 
for  the  boundary  layer  measured  by  Coles  [26].  Skin-friction  coeffici¬ 
ents  were  measured  by  the  floating-element  technique. 

tha  ^LFi^e  21  ShOWS  a  ComParis°n  of  local  skin-friction  values  for 

number  o?  2y8  ^pmeaf^d  &nd  HarkneSS  [2T]  at  a  nominal  Mach 

„  Themfesults  indicate  good  agreement  even  for  very  high 

fWW  namber®-  Ihe  experimental  skin  friction  was  obtained  by  the 
floating-element  technique.  * 


ACCELERATING  FLOWS 

by  fesiu/efal  rf»W.  ?henrff ltS  f0r  an  ae«l«ating  flov  measured 
flat  Ji  1  i?8:*  Calculations  ware  started  by  assuming  an  adiabatic 

flat-plate  flow  that  matched  the  experimental  momentum-thickness  value 
at  x  -  0.94  feet.  Then  the  experimental  Mach  number  distribution  was 
used  to  compute  the  rest  of  the  flow.  The  edge  Mach  number  varied  from 

5®  X  ~  °'94  f6et  to  “e  =  2,9T  at  x  -  3.05  feet.  Fig- 

ure  22a  shows  a  comparison  of  calculated  and  experimental  values  of  dis¬ 
placement  thickness  and  momentum  thickness,  together  with  a  comparison 
ol  c\lculated  local  skin-friction  values  with  ?hose  obtained  ?rom  the 
momentum  integral  equation  by  using  the  experimental  data.  Figures  22b 
and  22c  show  a  comparison  of  calculated  and  experimental  velocity  and 
temperature  profiles,  respectively,  for  three  x-staticns.  We  agreement 
except  in  skin  friction,  is  quite  satisfactory.  agreement. 


AXISYMMETRIC  FLOWS  WITH  AND  WITHOUT  TRANS VERSE -CURVATURE  EFFECTS 

(U)  Figure  23  shows  bhe  results  for  a  waisted  body  of  revolution 
measured  by  Winter,  Smith,  and  Rotta  [29]  for  two  Mach  number!, 

U  Tv0’!?  and  exPerimental  skin-friction  values  were  obtained 

by  the  "razor  blade »  technique,  tte  calculations  vere  started  J 
the  experimenta!  velocity  profiie  at  x/L  =  0.4.  The  enthalpy  pLnie 
(L  ‘  ,  was  obtained  from  the  energy  equations  by  using  the 

Z  ^  Fr°file  at  the  3ame  ^-location.  Calculations  were 

made  with  and  without  transverse -curvature  effects. 


366 


8th  Navy  Symposium  on  Aeroballistics 
_  ~  —  ~  Vol.  2 


(u)  Figures  23a  and  23b  shew  that  the  calculated  skin-friction 
values  are  in  good  agreement  with  experiment.  Although  the  calculated 
skin-friction  values  without  the  TVC  effect  agree  quite  satisfactorily 
with  the  experimental  values,  the  agreement  is  even  better  with  the  TVC 
effect.  The  results  also  show  that  the  effect  of  transverse  curvature 
markedly  affects  the  momentum-thickness  values.  Without  this  TVC  effect, 
the  calculated  0-values  deviate  considerably  from  the  experimental 
values,  especially  at  locations  where  the  radius  of  the  body  is  quite 
small,  for  example,  when  x/L  -  0.6  to  0.8.  With  the  TVC  effect,  the 
agreement  in  0  is  much  better.  It  is  also  interesting  to  note  that 
the  computed  0-values  without  the  TVC  effect  agree  quite  well  with  the 
calculated  fa-values  reported  in  Ref.  29,  which  indicates  the  importance 
of  transverse-curvature  effect. 


SUMMARY  OF  SKIN-FRICTION  RESULTS 

(U)  Figure  24  shows  a  comparison  of  calculated  and  experimental 
skin-friction  coefficients  for  the  compressible  adiabatic  turbulent 
flat-plate  flows  reported  in  Ref.  11.  The  experimental  skin-friction 
values  were  all  measured  by  the  floating-element  technique,  except  for 
those  obtained  by  Kistler  [30],  which  were  obtained  from  velocity  pro¬ 
files.  The  calculated  values  cover  a  Mach  number  range  of  0.4l  to  4.67 
and  a  momentum- thickness  Reynolds  number  range  of  1.6  x  10*  to 
702  x  103.  The  rms  error  based  on  the  43  experimental  values  examined, 
all  obtained  by  the  floating-element  technique,  is  3.5  percent,  which  is 
well  within  the  experimental  scatter. 

(u)  Figure  25  shows  a  comparison  of  the  ratio  of  calculated  and 
experimental  compressible  skin-friction  coefficient  to  its  incompres¬ 
sible  value  at  the  same  x  Reynolds  number  as  a  function  of  Mach  number, 
together  with  the  Spalding-Chi  correlation  [31].  The  incompressible 
skin-friction  values  were  obtained  from  Ref.  l4.  The  calculated  and 
experimental  skin-friction  ratios  compare  quite  well.  It  is  remarkable 
that  when  the  calculated  values  deviate  from  the  Spalding-Chi  correla¬ 
tion  the  experimental  values  also  do. 


COMPRESSIBLE  FLOWS  WITH  HEAT  TRANSFER 


(u)  Although  the  present  method  has  been  well  explored  for  compres¬ 
sible  adiabatic  flows,  it  has  not  been  sufficiently  explored  for  com¬ 
pressible  flows  with  heat  transfer  and  mass  transfer  or  both.  This  is 
now  being  done,  and  the  results  will  be  reported  later. 

(u)  Figure  26  shows  a  comparison  of  calculated  Stanton  numbers  -and 
average  skin-friction  values  for  the  flat -plate  boundary  layer  measured 
by  Pappas  [32].  The  calculations  are  made  for  a  Mach  number  of  2.27 
and  for  a  wall-to-edge  temperature  ratio  of  2.19*  The  agreement  is 
quite  good. 
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DISCUSSION 

(u)  A  numerical  solution  of  the  turbulent-boundary-layer  equations 
based  on  a  particular  eddy-viscosity  formulation  and  the  assumption  of 
a  constant  turbulent  Prandtl  number  is  presented  for  various  incompres¬ 
sible  and  compressible  flows  with  and  without  heat  and  mass  transfer. 
Many  flows  computed  by  this  method  shew  that  the  method  is  quite  satis¬ 
factory  for  incompressible  flows  with  and  without  heat  transfer  and  for 
compressible  adiabatic  flows.  In  addition,  the  computation  time  is 
quite  small.  It  is  remarkable  that  a  simple  eddy-viscosity  formulation 
based  on  flat-plate  data  can  give  such  satisfactory  results*. 

(U)  In  principle,  the  present  method  is  similar  to  the  ones  used 
by  Herring  and  Mellor  [33]  and  by  Patankar  and  Spalding  [3^].  The  main 
difference  between  them  lies  in  the  eddy-viscosity  expression  used  for 
each  region,  as  well  as  the  assumptions  for  the  turbulent  Prandtl  num¬ 
ber.  Also,  the  transformations  used  to  stretch  the  coordinates  normal 
to  the  flow  direction,  as  well  as  the  numerical  method  used  to  solve  the 
boundary-layer  equations,  are  considerably  different.  The  method  of 
Herring  and  Mellor  and  the  present  method  can  handle  mass  transfer;  the 
method  of  Patankar  and  Spalding  can  not.  This  is  due  to  the  use  of  the 
Couette-flow  assumption,  which  was  used  to  overcome  difficulties  with 
solutions  in  the  region  near  the  wall,  where  the  dependent  variabl.es 
and  exchange  coefficients  vary  considerably. 

(U)  The  present  method  has  the  advantage  of  being  applicable  to 
both  laminar  and  turbulent  flows.  Since  a  flow  always  has  a  laminar 
portion  if  it  starts  from  a  stagnation  point,  such  an  advantage  is 
particularly  useful.  Bie  present  method  utilizes  the  upstream  history 
as  the  calculations  proceed  downstream.  At  any  station,  a  laminar  pro¬ 
file  can  be  obtained  by  merely  setting  the  eddy- viscosity  term  in 
Eq.  (19)  equal  to  zero. 

(u)  Although  it  is  hard  to  say  to  what  minimum  Reynolds  numbers  the 
present  eddy-viscosity  formulation  holds  true,  the  results  for  incom¬ 
pressible  flat -plate  flows  indicate  that  for  Rq -values  as  small  as  1000 
the  calculated  results  agree  quite  well  with  experiment.  For  compres¬ 
sible  adiabatic  flows,  the  results  have  been  checked  with  experiment  to 
Rq -values  as  low  as  1600  and  again  the  agreement  was  good. 

(u)  It  is  interesting  to  note  that  the  present  eddy-viscosity 
formulation  accounts  quite  well  for  the  compressibility  effect,  at  least 
within  the  Mach  number  range  considered,  0  to  5.  Figure  27  shows  a 
comparison. of  two  calculated  velocity  profiles  at  the  same  Rq,  one 
for  incompressible  and  the  other  for  compressible  flow.  Because  of  the 
compressibility  effect,  the  difference  between  the  two  profiles  is  quite 
appreciable,  and  eddy  viscosity  accounts  very  well  for  this  effect. 


*It  should  be  pointed  out  that  the  present  method  also  has  the  advantage 
that  various  other  formulations  of  eddy-viscosity  or  turbulent  Prandtl 
number  can  be  used  with  very  little  change  in  the  basic  method. 
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(U)  On  the  basis  of  comparisons  involving  various  flows,  the  present 
method  appears  to  be  as  accurate  and  as  satisfactory  as  the  method  of 
Bradshaw  and  Ferriss  [35]*  The  latter  method  differs  from  the  present 
method  in  that  it  involves  a  solution  of  the  turbulence  kinetic  energy, 
the  mean  momentum  equation,  the  continuity  equation  and  the  instantane¬ 
ous  temperature  equation  by  making  certain  assumptions  about  the  turbu¬ 
lence  terms  appearing  in  these  equations. 

00  Ihe  results  also  point  out  several  advantages  of  the  present- 
method  over  the  methods  that  use  momentum  and/or  energy  integral  equa¬ 
tions.  Because  of  their  simplicity  and  their  short  computation  times, 
the  latter  methods  are  quite  popular.  Some  of  them  can  also  be  quite 
accur?  ce,  at  least,  for  two-dimensional  incompressible  turbulent  flows, 
as  was  shown  in  a  special  conference  on  "Prediction  Methods  for  Turbu¬ 
lent  Flows"  held  at  Stanford  University  in  August  1968.  However,  the 
disadvantages  of  these  methods  are  that  they  cannot  be  readily  extended 
to  many  important  problems  such  as  axisymmetric  flows  with  and  without 
transverse-curvature  effects,  flows  with  heat  and  mass  transfer,  flows 
with  slip  at  the  wall,  etc.  On  the  other  hand,  the  present  method 
eliminates  many  of  the  disadvantages  of  these  momentum  integral-type 
methods  by  proceeding  to  solve  the  full  partial-differential  equations. 
Although  the  computation  time  of  the  present  method  is  still  more  than 
that  of  an  integral  method,  the  difference  is  small  and  is  not  a  major 
factor. 


(U)  Needless  to  say,  much  work  remains  to  be  done  in  this  very 
important  area  of  fluid  mechanics.  The  present  method  has  been  explored 
quite  extensively  for  incompressible  flows  with  and  without  heat  trans¬ 
fer  and  for  compressible  adiabatic  flows,  but  it  has  not  been  explored 
en  )Ugh  for  compressible  flows  with  heat  transfer.  Furthermore,  the 
method  needs  to  be  explored  for  flows  with  heat  and  mass  transfer.  It 
should  be  pointed  out  that,  although  the  present  method  predicts  the 
flow  separation  quite  accurately,  it  does  not  calculate  the  velocity 
profiles  satisfactorily  close  to  separation.  This  is  to  be  expected 
from  uhe  eddy-viscosity  formulation  used  in  the  present  method,  as  well 
as  the  ones  used  by  Herring  and  .Meilor  and  by  Spalding  and  Patankar. 
According  to  this  formulation,  the  boundary  layer  is  regarded  as  a  com¬ 
posite  layer  characterized  by  inner  and  outer  regions.  In  the  inner 
region,  an  eddy  viscosity  based  on  Prandtl's  mixing-length  theory  is 
used  (see  Eq.  (10));  in  the  outer  region,  a  constant  eddy  viscosity 
modified  by 
can  also  be 

e 

o 

where 

recommended 
used 


an  intermittency  factor  is  used  (see  Eq.  (i4)< 
shown  to  be  equivalent  to 


The  latter 


4 


du 


(37) 


the  mixing  length,  can  be  taken  equal  to  0.0756,  which  is 
in  Ref.  36.  Since  the  continuity  of  eddy  viscosity  is  being 


e 


o 


(38) 
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or 


4  =  4  (38) 

Neglecting  the  exponential  term  in  the  inner  eddy- viscosity  formula  we 
can  write  Eq.  (38),  as 

(0Ay)2  =  (0.0758)2 


or 


1  =  12 

6  OJK) 


0.1875 


(39) 


This  means  that  the  switching  point  between  the  inner  and  outer  regions 
is  fixed.  Since  when  the  flow  approaches  separation  conditions  the 
outer  region  moves  toward  the  wall,  the  y/8  ratio  should  not  be  a 
constant  and  must  be  decreasing.  Keeping  it  a  constant  (approximately), 
as  the  present  eddy-viscosity  formulation  does,  limits  the  accuracy  of 
alculation  of  velocity  profiles  close  to  separation.  Therefore,  further 
work  should  be  done  in  the  eddy-viscosity  formulation,  to  remedy  the 
situation. 


NOMENCLATURE 


a  cylinder  radius 

cf  local  skin-friction  coefficient,  xw/(l/2)peu| 

cf  average  skin-friction  coefficient 

cp  specific  neat  at  constant  pressure 

C  viscosity-density  parameter,  pp/pepe 

f  dimensionless  stream  function,  see  Eq.  (18) 

g  dimensionless  total  enthalpy  ratio,  H/Hg 

b  specific  enthalpy 

H  total  enthalpy,  h  +  u^/2 

k  flow  index,  =0 (two-dim.  flow)  and  =  l(axisym.  flow) 

constant  in  eddy-viscosity  formulas 
K  variable-grid  parameter,  see  Eq.  (30) 

l  mixing  length 

L  reference  body  length 

M  Mach  number 

p  pressure 
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Prandtl  number,  nCp/A^ 
local  heat-transfer  rate  per  unit  area 
radial  distance  from  axis  of  revolution 
body  radius 

transverse-curvature  parameter,  Ry.(r0/x)^/b 

Reynolds  number,  uex/ve 

Reynolds  number,  ue6/ve 

Reynolds  number,  ue9/ve 

Stanton  number 

transverse  curvature  term,  (y  cos  a)/r0 

temperature  difference  between  wall  and  free  stream,  Ty.  —  T^, 

absolute  temperature 

x-component  of  velocity 

friction  velocity,  (tw/p)V2 

y-component  of  velocity 

distance  along  body  surface  measured  from  leading  edge 
distance  normal  to  x 

angle  between  y  and  r,  i.e.,  slope  of  body  of  revolution 
velocity-gradient  parameter,  2|/ue(due/d|) 
intennittency  factor 
boundary- layer  thickness 


displacement  thickness, 


_gu_ 

Peue 


) 


dy 


kinematic  eddy  viscosity 

ratio  of  kinematic  eddy  viscosity  to  kinematic  viscosity,  e/v 
transformed  y-coordinate 


momentum  thickness, 


00 


I 


_gu_ 

peue 


dy 


thermal  conductivity 
dynamic  viscosity 
kinematic  viscosity 


371 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

|  transformed  x-ccordinate 

p  mass  density 

x  shear  stress 

\|r  stream  function 

Subscripts 

c  switching  point  between  the  inner  and  outer  eddy-viscosity 

formulas 

i  incompressible  flow 

e  outer  edge  of  boundary  layer 

t  laminar  flow 

t  turbulent  flow 

w  wall 

oo  free-stream  conditions 

primes  denote  differentiation  with  respect  to  q 
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(U)  FIG.  I.  Coordinate  System  for 
the  Boundary  Layer  on 
a  Body  of  Revolution. 


(r0  FIG.  2.  Typical  Eddy-Viscosity 
Distribution  Across  a 
Boundary  Layer. 


(U)  FIG.  3.  Finite-Difference  Molecule  for  the  Momentum 
Equation  at  (n,i). 
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(U)  FIG.  4.  Finite-Difference  (u)  FIG.  5-  Flow  Diagram  for 

Variable-Grid  System  Solving  the  Boundary- 

in  the  q-Direction.  Layer  Equations  at 

£  =  £n* 


(u)  FIG.  6.  Diagram  Showing  the  Method  of  Generating  the 
Initial  Coefficients  of  the  Momentum  Equation 
at  |  =  ln. 
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(U)  FIG.  7.  Results  of  Calculations  for  a  Flat-Plate  Flow 
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Paper  No.  13 

AN  EXPERIMENTAL  INVESTIGATION  OF  THE  COMPRESSIBLE 
TURBULENT  BOUNDARY  LAYER  WITH  A  FAVORABLE 
PRESSURE  GRADIENT 
(U) 

(Paper  UNCLASSIFIED) 
by 

William  J.  Yanta,  David  L.  Brott, 

Robert  L.  Voisinet,  and  Roland  E.  Lee 
U.S.  Naval  Ordnance  Laboratory 
White  Oak,  Silver  Spring,  Md.  20910 


ABSTRACT.  (U)  This  paper  describes  the  results  of  a 
detailed  experimental  investigation  cf  a  two-dimensional 
turbulent  boundary  layer  in  a  favorable  pressure  gradient 
where  the  free-stream  Mach  number  varied  from  3.8  to  4.6; 
the  ratio  of  wall  to  adiabatic  wall  temperature  remained 
constant  at  a  value  of  0.82.  Detailed  profile  measurements 
were  made  with  pressure  and  temperature  probes;  skin 
friction  was  measured  directly  with  a  shear  balance.  The 
velocity  and  temperature  profile  results  are  compared  with 
zero  pressure  gradient  and  incompressible  results.  The 
shin-friction  data  are  correlated  with  momentum-thickness 
Reynolds  number  and  the  pressure  gradient  parameter  8  = 
dP 

“  0/Tw  The  skin  friction  decreases  with  decreasing  6 

for  a  constant  value  of  momentum-thickness  Reynolds  number. 
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NOMENCLATURE 

=  constant  in  equation  (4) 

=  constant  in  equation  (4) 

=  skinrf riction  coefficient 
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-  pressure  gradient  parameter  = 
=  boundary -layer  thickness 
=  density 

=  momentum  thickness 
=  shear  stress 
=  kinematic  viscosity 
Subscripts 

aw  =  adiabatic  wall 

e  =  free-stream  conditions 

o  =  supply  conditions 

w  =  wall  conditions 

t  =  total  conditions 


JL  ££ 

xw  dx 


INTRODUCTION 

(U)  The  work  presented  herein  is  part  of  an  experi¬ 
mental  program  being  carried  out  at  the  U.  S.  Naval  Ordnance 
Laboratory  (NOL)  in  which  the  turbulent  boundary -layer  flow 
-  ^led  systematically  and  in  detail  with  conventional 
temPfrature  Probes,  and  with  a  skin-friction 
,  f*  earller  studies  at  zero  pressure  gradient  and 

moderate  heat -transfer  rates  were  reported  in  reference  1. 
The  present  paper  describes  the  results  of  the  study  of 
the  turbulent  boundary  layer  on  the  flat  plate  of  the  NOL 
Boundary  Layer  Channel2  along  which  the  free-stream  Mach 
number  varied  from  3.8  to  4.6,  and  for  moderate  heat-trans- 
_  rates.  Typical  velocity  and  temperature  profile  data 

witl^fr^r3  alSn?  Wlth  skin-fricti°n  coefficients  measured 
with  a  friction  balance.  The  effect  of  the  favorable 

gradient  on  the  boundary -layer  flow  structure  and 
friction  drag  is  discussed,  and  compared  with  supersonic 
zero  pressure  gradient  and  incompressible  flow.  perSOniC 


391 


8th  Navy  Symposium  on  Aaroballistics 


Vol.  2 

Nozzle  Design 

(U)  The  main  component  of  the  NOL  Boundary  Layer 
Channel  is  the  two-dimensional  supersonic  half  nozzle  shown 
in  figure  1.  One  wall  of  the  nozzle  is  a  flat  plate,  8  feet 
long  and  12  inches  wide.  The  opposite  wall  is  a  flexible 
plate  which  may  be  adjusted  to  give  a  prescribed  Mach  number 
distribution  along  the  flat  plate.  In  the  present  investi¬ 
gation,  three  different  calculation  procedures  were 
attempted  to  prescribe  the  free-stream  favorable  pressure 
gradient  Mach  number  distribution  along  the  flat  plate.  The 
first  approach  used  the  concept  originally  proposed  by 
Von  Doenhoff  and  Tetervin3  for  incompressible  flow,  in  which 
the  turbulent  boundary- layer  characteristics  were  shown  to 
be  related  to  the  shape  factor  Hu.  In  order  to  see  if  this 
assumption  could  be  made  in  the  present  investigation,  the 
moment  of  momentum  equation  was  integrated  along  the  flat 
plate  of  the  boundary  layer  channel  for  the  zero  pressure 
gradient  contour  described  in  reference  1.  Poor  agreement 
with  experimentally  measured  Hu  was  obtained,  and  therefore 
this  approach  was  dropped.  The  second  approach  was  to 
integrate  the  von  Karman  momentum  equation  along  the  flat 
plate  for  due/dx  eqtial  to  a  constant.  The  nozzle  contour 
was  then  determined  from  the  Mach  number  distribution  by  the 
method  of  characteristics.  This  approach  gave  a  nozzle 
contour  which  over-stressed  the  flexible  plate.  The  final 
approach  used  the  concept  of  an  equilibrium  boundary  layer 
first  introduced  by  Clauser4  for  incompressible  flow.  The 
von  Karman  momentum  equation  was  again  integrated  along  the 
flat  plate,  and  the  nozzle  contour  was  determined  by  the 
method  of  characteristics.  This  approach  yielded  a  satis¬ 
factory  nozzle  contour  and  was  the  one  used  in  the  present 
test. 

Details  of  the  Experiment 

(U)  The  experiments  were  performed  in  the  NOL  Boundary 
Layer  Channel  at  tunnel  supply  pressures  between  1  and  10 
atm,  and  a  tunnel  supply  temperature  of  150°C.  The  flexible 
wall  of  the  tunnel  was  adjusted  in  the  present  test  to  give 
a  prescribed  Mach  number  distribution  described  above.  The 
actual  Mach  number  distribution  is  shown  in  figure  2.  The 
impact  probe  survey,  shown  in  figure  3,  along  the  flat  plate 
and  3  inches  from  the  plate,  indicates  that  the  flow  was 
shock  free.  The  momentum-thickness  Reynolds  number  varied 
in  the  present  test  from  7500  to  48,000;  the  ratio  of  wall 
to  adiabatic  wall  temperature  was  constant  at  0.82.  Further 
details  of  the  channel  and  its  performance  are  given 
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in  reference  2.  Measurements  were  taken  at  five  stations 
along  the  test  plate;  at  50,  60,  70,  78  and  84  inches  from 
the  nozzle  throat.  Typical  boundary- layer  thicknesses  along 
the  test  section  ranged  from  1.3  inches  to  3.0  inches. 

Instrumentation  and  Nozzle  Design 

(U)  The  boundary-layer  profile  surveys  were  made  by 
traversing  a  Pitot  pressure  probe  and  an  equilibrium  conical 
temperature  probe  across  the  boundary  layer.  Both  probes 
were  mounted  in  a  single  holder,  which  was  designed  and 
tested  so  that  there  was  not  any  probe  interference  between 
the  two  probes.  The  probes  were  traversed  from  the  free 
stream  toward  the  plate,  with  maximum  movement  of  3  inches. 
The  traverse  was  stopped  at  each  point  in  the  boundary  layer 
at  which  data  were  taken,  and  the  temperature  and  pressure 
were  allowed  to  reach  equilibrium. 

(U)  The  profile  data  were  recorded  automatically  on 
NOL's  PADRE.5  This  unit  provides  seven  channels  with  servo- 
systems  and  direct  digital  conversion  to  permit  recording 
the  data  directly  on  IBM  cards. 

(U)  Pitot  pressure  probes  were  made  of  0.125-inch 
diameter  stainless-steel  tubing  flattened  at  the  tip  to  a 
rectangular  cross  section  of  0.005  x  0.100  inch  (outside 
dimensions) .  The  wall  static  pressure  was  measured  by  the 
0.032-inch  ID  orifices  in  the  flat  plate.  The  local  Mach 
number  was  computed  from  the  Rayleigh  Pitot  tube  formula 
using  the  measured  Pitot  and  wall  static  pressure. 

(U)  The  basic  design  of  the  equilibrium  conical 
temperature  probe  is  described  in  reference  6.  Essentially, 
the  equilibrium  temperature  of  a  sharp  10-degree  platinum 
cone  was  measured  by  a  thermocouple  mounted  into  its  0.050- 
inch  diameter  base.  The  measured  cone  temperature,  together 
with  the  measured  local  Mach  number  and  cone  tables,  provided 
the  necessary  information  to  calculate  the  local  stagnation 
and  static  temperatures.  A  cone  recovery  factor  equal  to 
the  square  root  of  the  Prandtl  number  was  assumed. 

(U)  A  fine-wire  stagnation  temperature  probe  was  also 
used  to  measure  the  temperature  profile  through  the  boundary 
layer.  The  basic  features  of  this  probe  are  described  in 
reference  7.  The  probe  consists  of  a  thin  (0.002-inch 
diameter,  0.240-inch  long)  chromel-alumel  thermocouple  wire 
placed  normal  to  the  flow.  Using  the  measured  Mach  number 
distribution  and  conventional  empirical  equations  for  pre¬ 
dicting  the  heat  losses  to  and  from  the  probe,  the  local 
stagnation  temperature  and  hence  the  local  static  temperature 
may  be  obtained.  c 
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UJ)  The  static-pressure  profile  across  the  boundarv 

p?obS  Wa?heet?nrS?  Sth  a  S'125  inch  0D  ^atio- pressure 

t lp  of  the  Probe  was  a  conical  10-degree  cone 

m  located  on  the  circala* 

®d?®  °£  the  boundary  layer  was  selected  as  the  JocatiSn' 
where  the  velocity  gradient  became  zero.  location 

refereLeT  N°^s^in-ftiotion  balance  is  described  in 
eterence  8.  The  instrument  measures  directly  the  shear 

flush°wi?h'  iheS?iafe“}n?h  SUrface  floatin9  element  mounted 
measurllf  If  Plate*  The  balance  was  designed  for 
gradient?ntS  Wlth  heat  transfer  and  pressure 

Experimental  Results 

The  ^ach  number  distribution  along  the  flat  plate 
f  *-  flg^re  2)  was  computed  from  the  ratio  of  wall-static 

agreenwiihinP?  y  preSSUre'  see  fi9^e  3.  Both  methods 
is  consiani  perc^t>  indicating  that  the  static  pressure 

this Jesuit  Sr  boundary  layer.  To  further  verify 

nis  resuit,  static-pressure  surveys  were  taken  throuah  Y 

indir°^nd^y4-laKer'  The  results  shown  in  figure  4 

across tthehboundarytlayerfreSSUre  15  *>”«*«“*  ccnSS!/ 

fact  that  thp  ^om  fr-ction-balance  measurement.  The 
»?on„  ?n  h  1  St  two  velocity-profile  points  do  not  fall 
along  the  curve  computed  from  the  friction-balance  measure- 
ment  is  possibly  due  to  probe-wall  interference?  A  power 

veloci ty^prof ile t0  it  j!h9°0d  fiV°  the  outer  region  of  the 
velocity  protile.  In  the  case  of  pressure  Gradient  flew  a 

power  profile  was  a  better  fit  to  ?he  outer  region  of  the 

oundary  layer  than  in  the  zero  pressure  gradient  case  1 

A  least-squares  fit  of  the  power  profile  exponent  versu- 

exponen?~tTllCl!I??SSuReYn0lds  number  shows  a  value  of  the° 

fSS  case8  (see  fiauif^  ^  ■  f°r  the  Zero  Pr^sure  gradient 
ZZ  7.  case  (see  figure  6).  This  result  is  due  to  the  fa^ 

fuller!*6  faV°rable  Pressure  gradient  makes  the  profiles 

(U)  The  correlation  between  the  shape  factor  H  and 
momentum- thickness  Reynolds  number  is  shown  in  figure  7. 
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The  favorable  pressure  gradient  data  are  lower  than  the 
zero  pressure  gradient  data  and  has  the  same  general 
yariation  with  momentum-thickness  Reynolds  number.  This 
is  consistent  with  incompressible  results. ^ 

(U)  The  effect  of  pressure  gradient  history  on  the 
temperature-velocity  profile  is  to  displace  the  curve  from 
the  zero  pressure  gradient  results  of  Crocco.10  A  typical 
temperature-velocity  correlation  is  shown  in  figure  8. 

Shown  for  comparison  is  Crocco' s  equation^ 


T  = 


and  Walz's  equation11  for  zero  heat  transfer 


U) 


T=<^)2  (2) 

The  last  few  points  in  the  profile  were  linearly  extrap- 
olated  to  the  wall.  The  data  in  the  sublayer  regions 
follow  the  zero  pressure  gradient  adiabatic  flow  relation 
of  Walz,  and  is  fuller  in  the  outer  turbulent  region.  The 
displacement  of  the  data  from  Crocco' s  equation  is  consistent 
with  that  predicted  in  reference  10.  An  inflection  point 
in  the  temperature-velocity  profile  occurring  at  the  lower 
edge  of  the  logarithmic  region  of  the  boundary  layer  was 
observed  consistently  in  all  the  data.  For  the  data  shown 
in  figure  8  this  point  is  located  at  u/ue  *  0.6.  To  insure 
that  this  point  was  not  due  to  probe  interference, 
temperature  profiles  were  measured  with  a  fine-wire  stag¬ 
nation  temperature  probe  at  the  same  supply  conditions. 

These  results,  shown  in  figure  8,  exhibit  the  same  trends 
as  those  of  the  conical  probe.  Therefore,  the  inflection 
point  in  the  temperature-velocity  profile  does  exist. 

(U)  Correlation  of  the  favorable  pressure  gradient 
results  in  terms  of  the  law-of-the-wall  and  velocity— defect 
law  is  shown  in  figures  9  and  10.  Supersonic  zero  pressure 
gradient  and  incompressible  results  are  shown  for  compari¬ 
son.12  The  favorable  pressure  gradient  data  for  Mg  =  3.87 
are  seen  to  be  below  the  supersonic  zero  pressure  gradient 
results  for  Mg  =  4.7,  and  the  incompressible  results  for 
8  =  .267  and  for  8=0.  The  results  shown  in  figures  9  and 
10  indicate  that  as  a  result  of  the  favorable  pressure 
gradient,  the  logarithmic  region  of  the  boundary  layer  has 
increased  substantially  in  thickness  and  the  velocity  defect 
in  the  outer  part  of  the  layer  has  decreased.  For  incompress- 
ibie  fiow  the  logarithmic  portion  of  the  boundary  layer  can 
be  fitted  by  the  equation1^. 
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=  £  ln 


y  +4.9 


(3) 


gation  it  was  obse^ed^hat^h^lo ’  >hthe  present  i^vesti- 
boundary  layer  could  be  fitted  byX'equ^lon^10"  °f  the 


u+  =  k  ln  y+  +  b 


(4) 


where  A  =  0.541. 


B  was  not  constant  in  the  investigation. 


is  shown  plotted\qainst°rnA  oi:>tained  by  a  shear  balance, 
in  figure  11.  Presented  for^m™"^1^633  Reynolds  number 
ible  favorable  pressure  T  ariSOn  are  the  incompress- 

Tillmanl2  and^nTanl  NorbCrv'?!'^!0"  Ludwie^ 
data  are  seen  to  lie  well  below  hhl  in  Th  pre?ent  supersonic 
A  consistent  correlation  of  lncompressible  results, 

the  shape  factor  H  was  not-  oh  preaent  results  in  terms  of 
agree  with  the  IncSmprlss ible  ™ese  results  do  P°t 

who  were  able  to  correlate  fh*  °f  Ludwieg-Tillman12 

shape  factor.  The  measured  skin^ri  f^lctlon  in  terms  of  the 

friction- formula  a„d%tL0\e°Lr^\%eLUed«L9IpTi““hn0^i"- 

aata  ‘H  friction 

_ „  j  ■  .  Q  “  1  terms  ot  the  pressure 

gradient  parameter  0  *  -  JL  d£  Poy.  , 

„rcfan,  n  ,  Tw  dx‘  For  decreasing  0  and 

correlation'of ^the^ki^frict-fn10 '  f r^ct^on  decreases.  The 
with  the  incompressible  results*^ |"^erIns  of  6  is  consistent 
found  similar  results  results  flr*t  proposed  by  Buri9  who 


supersoniChturbulent°bounda^riale  pressure  gradient  on 
NOL  Boundary  Layer  Channel  W*3  3tUdied  in  the 

fshe^iLc^2'  With  tei^perature  and  pLs'sur^probes  and 

examined  in® terms* ^of Velocity  ^nd^em^  b°undary  layer  was 
law-of-the-wall,  velocitv-dSw d, temperature  profiles, 
form  factor.  The  outer^ecrion  a?d  lncomPressible 

be  fitted  with  a  power  profile.  The^shapf  Stor^H,  ^ 
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decreases  in  a  supersonic  favorable  pressure  gradient.  An 
inflection  point  in  the  temperature-velocity  profile  was 
observed  to  occur  at  the  lower  edge  of  the  logarithmic 
portion  of  the  boundary  layer.  The  effect  of  a  favorable 
pressure  gradient  is  to  thicken  the  logarithmic  portion  of 
the  boundary  layer  and  decrease  the  outer  velocity  defect 
portion. 

(U)  The  effect  of  a  favorable  pressure  gradient  on  the 
turbulent  skin  friction  was  correlated  in  terms  of  the 
pressure  gradient  parameter  8.  For  decreasing  8  and 
constant  Reynolds  number  the  skin  friction  decreases. 
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FIG.  1  BOUNDARY  LAYER  CHANNEL 
FLEXIBLE  NOZZLE 
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FIG.  6  VARIATION  OF  VELOCITY  PROFILE  EXPONENT  WITH  MOMENTUM 


MOMENTUM  THICKNESS  REYNOLDS  NUMBER  (Re0> 

FIG.  7  VARIATION  OF  INCOMPRESSIBLE  FORM  FACTOR  WITH  MOMENTUM 
THICKNESS  REYNOLDS  NUMBER  FOR  T™  »  0.82 
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FIG.  11  SKIN  FRICTION  CORRELATION  WITH  MOMENTUM  THICKNESS  REYNOLDS  NUMBER 
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Paper  No.  14 

AN  EXPERIMENTAL  REYNOLDS  ANALOGY  FOR  THE 
HIGHLY  COOLED  TURBULENT  BOUNDARY  LAYER 

(U) 

(Paper  UNCLASSIFIED) 
by 

Donald  M.  Wilson 
US.  Naval  Ordnance  Laboratory 
White  Oak,  Silver  Spring,  Md.  20910 


ABSTRACT.  An  experimental  investigation  has  been 
performed  to  obtain  the  heat-transfer  and  skin-friction 
measurements  from  which  a  Reynolds  analogy  for  the  highly 
cooled  turbulent  boundary  layer  could  be  determined.  The 
experiments  were  conducted  on  sharp  cone  models  at  Mach 
number  5.0  and  wall-to-stagnation  temperature  ratios  between 
0.12  and  0.80.  The  experimental  measurements  of  Stanton 
number  and  average  skin-friction  coefficient  have  been  com¬ 
pared  with  existing  theories.  These  comparisons  indicate 
that  the  skin  friction  is  accurately  predicted  by  the 
Sommer-Short  reference  temperature  method,  and  the  heat 
transfer,  for  wall-to-stagnation  temperature  ratios  above 
0.3,  by  the  Spalding-Chi  law.  A  direct  comparison  of  the 
heat-transfer  and  skin-friction  data  indicate  that  Colburn's 
form  of  Reynolds  analogy  is  valid  for  temperature  ratios 
above  0.5.  However,  for  lower  ratios,  the  experimental 
Reynolds  analogy  decreases  with  decreasing  wall  temperature 
in  a  manner  which  has  not  been  previously  reported. 
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SYMBOLS 

As  surface  area  exposed  to  external  flow 
C  constant  (Eq.  (3)) 

Cf  local  skin-friction  coefficient,  rw/*jpeUg 

CF  average  skin-friction  coefficient,  F /hf>  U2As 

G  0 

Cp  specific  heat  at  constant  pressure 

d  dynamic  pressure, 

F  total  shear  force  due  to  skin  friction 

h  convective  heat-transfer  coefficient,  q/(Tr-Tw) 

L  total  length 

P  pressure 

Pb  model  base  pressure  (weighted  average  of  4  taps) 
PB  base  pressure  coefficient,  (Pb-Pe)/d 

Po  supply  or  stagnation  pressure 

q  convective  heat-transfer  rate,  per  unit  area 

p  u  X 

R  local  Reynolds  number  based  on  length  X,  -  -  e 


RL 

S 

St 

To 


local  Reynolds  number  based  on  length  L, 


peueL 


Reynolds  analogy  factor  (Eq.  (7)) 

Stanton  number,  h/p  C  U 

e  p  e 

supply  or  stagnation  temperature 
recovery  temperature 
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Tw  wall  temperature 

U  flow  speed 

X  distance  measured  streamwise  along  the  surface 

from  the  cone  tip 

y  distance  measured  normal 

model  surface 

m  kinematic  viscosity 

p  density 

tw  local  shear  at  the  wall. 

Subscripts 

e  conditions  locally  external  to  the  boundary  layer 

i  incompressible  flow 


to  and  outward  from  the 


dU 
^  Sy 


y=0 


INTRODUCTION 

The  re-entry  of  a  spacecraft  into  the  atmosphere  or  the 
rapid  acceleration  of  a  high-speed  aircraft  is  accompanied 
by  the  development  of  highly  cooled  turbulent  boundary 
layers.  Because  the  mechanics  of  turbulent  flow,  even  for 
incompressible  boundary  layers,  are  not  understood,  there 
are  no  reliable  methods  available  to  predict  the  skin-friction 
drag  or  the  associated  aerodynamic  heating  of  such  vehicles. 
Historically,  the  solution  of  these  problems,  which  involve 
compressible  turbulent  boundary  layers,  has  depended  on  the 
use  of  experimental  data.  Examples  of  some  of  the  available 
methods  are  (1)  the  reference  temperature  (or  enthalpy) 
methods  of  Eckert,  Ref.  1,  or  Sommer  and  Short,  Ref.  2,  which 
transform  an  incompressible  flow  to  the  corresponding  com¬ 
pressible  one,  or  (2)  semi  empirical  theories  based  on  the 
"mixing  length"  hypothesis  such  as  those  of  Van  Driest,  Ref.  3, 
or  Spalding  and  Chi,  Ref.  4.  Unfortunately,  experimental  data 
at  conditions  approximating  the  highly  cooled  turbulent 
boundary  layers  sometimes  encountered  in  supersonic  or  hyper¬ 
sonic  flight  are  very  scarce.  Also,  an  extrapolation  of  some 
of  the  available  turbulent  theories  into  this  region  will 
yield  a  widely  varying  result.  Ref.  5. 
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The  study  of  highly  cooled  turbulent  boundary  layers 
requires  experimental  data  to  improve  prediction  methods. 

Some  quantities  of  interest  in  boundary-layer  studies  are  the 
shin  friction,  the  heat  transfer  and  the  proper  Reynolds 
analogy  relationship  between  them.  Recent  compilations  of 
zero  pressure  gradient  skin-friction  data  by  Peterson,  Ref.  6, 
and  a  similar  heat-transfer  compilation  by  Bertram  and  Neal, 
Ref.  7,  indicated  that  the  experimental  data  obtained  under 
heat-transfer  conditions  cannot  be  accurately  correlated  by 
any  single  theory.  However,  both  studies  concluded  that  an 
increase  in  the  heat-transfer  rate  causes  an  increase  in  the 
heat-transfer  or  skin-friction  coefficient.  On  the  other 
hand,  heat-transfer  measurements  made  by  Gates,  Noonan  and 
Brekka,  Ref.  8,  and  by  Drougge,  Ref.  9,  for  highly  cooled 
turbulent  boundary  layers  have  produced  some  relatively  low 
values.  This  indicates  the  opposite  trend,  i.e.,  that 
increases  in  boundary-layer  heat-transfer  rates  will  cause  a 
decrease  in  the  heat-transfer  coefficients. 

An  accurate  determination  of  the  Reynolds  analogy  re¬ 
lationship  between  heat  transfer  and  skin  friction  for  the 
compressible  turbulent  boundary  layer  suffers  from  a  lack  of 
experimental  data.  Comparisons  of  heat-transfer  and  skin- 
friction  data  for  incompressible  turbulent  flow  were  origi¬ 
nally  made  by  Colburn  and  von  Karman,  Refs.  10  and  11, 
respectively.  These  methods  are  usually  assumed  to  be 
valid  for  the  turbulent  compressible  problem.  A  few  attempts 
nave  been  made  to  obtain  and  compare  measurements  of  com¬ 
pressible  turbulent  skin  friction  and  heat  transfer  for 
similar  conditions.  Bradfield,  Ref.  12,  concluded  that 
Colburn's  Reynolds  analogy  was  valid  for  adiabatic  boundary 
layers  between  Mach  1  and  6,  and  Neal,  Ref.  13,  found  a 
similar  result  for  moderately  cooled  boundary  layers  at  Mach 
6.8.  However,  Wallace  produced  data  for  highly  cooled 
boundary  layers  at  Mach  numbers  between  6.6  and  10.7  and 
observed  a  trend  to  a  lower-than-incompressible  value  for 
the  Reynolds  analogy  (Ref.  14) . 

The  behavior  of  highly  cooled  turbulent  boundary  layers 
is  not  understood  due  to  the  scarcity  of  experimental  data 
and,  m  the  case  of  heat  transfer,  to  the  existence  of 
apparently  contradictory  data.  Furthermore,  there  has  been 
no  definitive  investigation  to  determine  the  Reynolds 
analogy  reiationship  between  skin  friction  and  heat  transfer. 
The  need  for  experimental  data  to  clarify  the  relationship 
between  turbulent  skin  friction  and  heat  transfer  for  the 
highly  cooled  boundary  layer  has  prompted  the  present  investi- 
gation.  The  results  reported  herein  include  both  skin- 
tnction  and  heat-transfer  data  for  cooled,  naturally 
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turbulent  boundary  layers  at  a  free-stream  Mach  number  of  5.0. 
Boundary-layer  cooling  was  achieved  by  precooling  the  models. 
Wall-to-stagnation  temperature  ratios  between  0.12  and  0.80 
were  obtained.  A  modification  to  Reynolds  analogy  was  found 
for  wall  cooling  rates  which  correspond  to  both  a  highly 
cooled  and  a  moderately  cooled  turbulent  boundary  layer. 


EXPERIMENTAL  EQUIPMENT  AND  PROCEDURE 
EXPERIMENTAL  FACILITY  AND  TEST  CONDITIONS 

The  tests  were  performed  in  the  Naval  Ordnance  Labora¬ 
tory's  Hypersonic  Tunnel.  In  operating  this  facility,  the 
supply  air  is  stored  in  separate  3000  psia  and  5000  psia 
bottlefields  and  released  into  the  tunnel  through  a  pressure 
regulating  valve.  The  air  is  preheated  by  passing  it  through 
a  pebble  bed  heater  before  it  enters  the  tunnel  settling 
chamber  and  nozzle.  A  two-dimensional  contoured  nozzle, 
designed  for  operation  at  Mach  5.0  and  used  in  this  investi¬ 
gation,  has  an  exit  cross  section  measuring  17.25  by  17.50 
inches.  The  tunnel  was  operated  at  supply  pressures  between 
10  and  80  atmospheres  and  at  supply  temperatures  of  approxi¬ 
mately  300°F  and  750°F.  All  of  the  data  were  recorded  by 
a  high-speed,  multi-channel,  analog-to-digital  data  system 
which  operates  at  very  high  sampling  rates. 

MODELS 

Three,  10-degree  total-angle,  sharp  cone  models  were 
constructed,  one  for  heat-transfer  and  two  for  skin-friction 
measurements.  The  heat-transfer  cone  was  constructed  of 
stainless  steel.  It  was  10  inches  long  and  had  a  nominal 
wall  thickness  of  0.020  inch.  Chromel-alumel  thermocouples 
were  used  to  obtain  temperature  measurements  from  which 
Stanton  numbers  were  reduced.  Of  the  skin-f riction  models, 
one  was  used  to  measure  total  drag  and  the  other  to  measure 
the  pressure  (wave)  drag  and  the  base  drag.  The  total-drag 
cone  was  constructed  of  copper  with  a  thin  plating  of  nickel 
to  prevent  surface  erosion.  It  contained  a  strain-gage 
balance  to  measure  the  drag  (see  Ref.  15).  Its  wall  thickness 
was  varied  from  0.375  inch  to  0.291  inch  so  that  the  wall  tem¬ 
perature  would  increase  uniformly  during  a  test.  This  model 
also  contained  surface  pressure  taps  to  help  align  it  with 
respect  to  the  wind-tunnel  airstream. 

The  second  cone  model  was  constructed  of  steel  and 
contained  eight  surf ace- and  four  base- pressure  taps.  Both 
of  the  skin-friction  models  were  20  inches  long;  the  extra 
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length  being  needed  to  increase  the  relative  magnitude  of  the 
turbulent  skin-friction  drag.  This  drag  component  is  only 
about  15  percent  of  the  total  drag,  and  a  typical  measured 
value  was  about  six  pounds. 

TEST  TECHNIQUE  AND  DATA  ACQUISITION 

Prior  to  each  test,  the  initial  wall-to-stagnation  tem¬ 
perature  ratio  was  set  by  precooling,  preheating  or  operating 
with  the  model  at  ambient  temperature.  Liquid  nitrogen  or 
liquid  carbon  dioxide  provided  the  precooling  while  hot  air 
was  used  for  preheating.  A  hinged  shell  was  built  to  apply 
the  coolant  or  heat  and  to  protect  the  model  while  tunnel 
flow  was  being  established.  This  shell  could  be  rapidly 
opened  or  closed  by  air  pressure  which  was  controlled  by 
solenoid  valves.  The  model  was  mounted  on  a  pneumatically 
activated  sting  so  that  it  could  be  rapidly  inserted  into 
the  tunnel  test  section,  from  the  cooling  shell,  when  a  test 
run  was  to  be  conducted. 

A  proven  method  of  measuring  aerodynamic  heat-transfer 
rate  for  a  model  undergoing  transient  heating  is  the  heat- 
pulse  -  or  transient  thin-skin  -  technique.  The  heat- 
transfer  coefficients  are  customarily  found  by  fitting  poly¬ 
nomials  through  temperature -time  data.  Differentiating 
these  functions  yields  the  slope  needed  in  the  heat-pulse 
equation.  Ref.  16.  Unfortunately,  this  method  failed  for 
the  low  vail  temperatures  encountered  in  the  present  tests. 
That  is,  polynomials  of  degrees  3  through  7  were  fitted 
through  the  initial  21  points  but  the  temperature-time 
derivatives  calculated  from  these  curves  were  not  consistent. 
This  failure  was  blamed  on  the  rapid  decrease  in  model 
specific  heat.  Ref.  17,  and  on  the  decrease  in  experimental 
Stanton  numbers,  both  for  liquid  nitrogen  temperatures.  To 
overcome  this  difficulty,  a  new  data-reduction  method  was 
devised,  Ref.  18.  This  method  integrates  the  heat-pulse 
equation  under  the  assumption  that  the  model  specific  heat 
is  a  linear  function  of  temperature  and  that  the  heat-transfer 
coefficient  is  a  constant.  The  justification  of  these  as¬ 
sumptions  is  that  the  integration  is  performed  over  the 
small  time  interval  which  corresponds  to  the  sampling  rate 
between  two  temperature  recordings  (0.112  seconds  for  these 
tests)  . 

The  skin-friction  drag  was  deduced  by  measuring  the 
total  drag  on  the  drag  cone  and  subtracting  the  wave-drag 
and  base-drag  components  which  had  been  measured  on  the 
similar  pressure  cone.  Only  the  highest  supply  pressure,  80 
atmospheres,  was  used  in  the  total-drag  tests  so  that  the 
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Young’s  incompressible  law.  Ref.  21,  modified  for  compressi¬ 
bility  by  the  Sommer-Short  reference  temperature  method,  Ref. 
2,  and  to  the  Spalding-Chi  semiempirical  method,  Ref.  4. 

These  laws  vere  converted  to  heat  transfer  by  use  of  Colburn's 
Reynolds  analogy.  An  examination  of  this  figure,  and  a  con¬ 
sideration  of  all  other  heat-transfer  data  of  these  tests, 
indicate  that  the  Spalding-Chi  law  accurately  represents  the 
data  for  wall-to-stagnation  temperature  ratios  between  0.3  and 
0.8.  These  data  are  in  general  agreement  with  other  wind • 
tunnel  data  obtained  under  similar  conditions,  for  example, 
the  data  of  Refs.  22  and  23.  However ,  for  severe  wall 
cooling  rates,  indicated  by  wall  temperature  ratios  less 
than  0.3,  the  Stanton  number  was  observed  to  decrease  with 
increased  wall  cooling  rate.  The  relatively  low  Stanton 
numbers  observed  for  a  wall  temperature  ratio  of  0.15  in 
Fig.  2  are  in  general  agreement  with  the  data  of  Refs.  8  and 
9  but  do  not  agree  with  the  data  of  Refs.  7  and  24.  The 
reason  for  this  apparent  discrepancy  is  unknown .  A  possible 
explanation  is  that  the  decrease  in  Stanton  number  may  de¬ 
pend  on  other  parameters  in  addition  to  the  wall  temperature 
ratio,  for  example,  the  Mach  or  Reynolds  numbers.  The 
amount  of  highly  cooled  wall  heat-transfer  data  presently 
available  is  too  scant  to  explore  this  possibility. 

SKIN-FRICTION  DATA 

The  turbulent  skin-friction  drag  was  deduced  by  sub¬ 
tracting  the  pressure  drag  and  base  drag  from  the  measurement 
or  total  drag.  Surface- and  base-pressure  coefficients  were 
measured  in  separate  tests  using  an  uncooled  model.  The 
surface -pressure  coefficients  were  found  to  be  in  excellent 
agreement  with  values  tabulated  in  Ref.  25.  The  base-pres- 
sure  coefficient  was  computed  from  pressure  measurements 
made  at  four  base  stations.  These  are  plotted  in  Fig.  3 
against  the  Reynolds  number  based  on  total  cone  length.  The 
data  of  Fig.  3  are  in  excellent  agreement  with  the  base-pres¬ 
sure  coefficients  given  in  Ref.  26  for  a  9.5-deoree  total- 
angle  sharp  cone. 

An  average  skin-friction  coefficient  was  calculated  from 
the  experimentally  determined  turbulent  skin-friction  drag. 

Fig.  4  shows  the  average  turbulent  skin-friction  coefficient 
compared  with  Young's  law  and  Sommer-Short  reference  tem- 
perature  method  for  the  Reynolds  numbers  which  resulted  from 
the  use  of  the  two  supply  temperatures.  The  experimental 
data  are  in  excellent  agreement  with  the  modified  Younc's  law 
::0!:-wall'"to-stagnation  temperature  ratios  between  0.19  and 
0.73.  This  agreement  was  expected  since  the  reference  tem¬ 
perature  method  of  Sommer  and  Short  was  based  on  data  for 
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both  supersonic  and  low  bvpersonic  Mach  numbers  and  for  wall 
temperature  ratios  as  lew  jS  0.16.  Furthermore,  an  attempt 
by  Peterson  and  Monta  (Ref.  27)  to  determine  the  superiority 
of  either  the  Sommer  and  Short  method  or  Spalding-Chi  laws 
for  skin  friction  was  inconclusive. 


CORRELATION  AND  COMPARISON  OF  DATA 
STANTON  NUMBER  CORRELATION 

All  of  the  turbulent  heat-transfer  data  have  been  cor¬ 
related  by  comparing  the  measured  (compressible)  Stanton 
numbers  with  an  incompressible  reference  value  for  the  wall- 
to-stagnation  temperature  ratios  achieved  in  these  tests. 

The  incompressible  Stanton  number  was  derived  from  Young's 
law  and  Colburn's  Reynolds  analogy.  The  resulting  expression 
is  given  in  Ref.  28  for  cone  flow.  It  is 


St, 

i 


0.026 

r1/6 


(1) 


Correlation  of  the  experimental  data  will  be  based  on 
the  assumption  that  the  compressible  Stanton  number  variation 
with  Reynolds  number  can  be  approximated  by  a  one-sixth  power 
law  similar  to  that  given  by  Eq.  (1) .  Unfortunately,  this 
assumption  could  not  be  experimentally  verified  due  to  scat¬ 
ter  in  the  data.  However,  the  assumption  that  incompressible 
and  compressible  flow  quantities  vary  in  a  similar  way  with 
Reynolds  number  forms  the  basis  for  the  reference  temperature 
methods  in  common  usage. 

The  data  correlation  was  made  in  the  following  manner. 
First,  Stanton  number  distributions  along  the  model,  similar 
to  those  shown  in  Fig.  2,  are  found  for  several  wall-to- 
stagnation  temperature  ratios  of  each  test.  Secondly,  least 
square  fits  are  made  to  this  data  to  determine  an  equation  for 
Stanton  number  in  terms  of  Reynolds  number  to  the  minus  one- 
sixth  power.  Finally,  these  equations  are  compared  with  the 
incompressible  reference  value  given  by  Eq.  (1).  The  result 
is  a  correlation  of  compressible  to  incompressible  Stanton 
number  ratio  in  terms  of  the  wall  temperature  ratio.  A  cor¬ 
relation  of  all  of  the  heat-transfer  data  was  made  and 
compared  with  the  Young  and  Sommer-Short  law  and  with  the 
Spalding-C'  law.  This  is  shown  in  Fig.  5. 
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,  Flg*  5  fndicates  that  the  compressible  turbulent  Stanton 
number  will  increase  from  a  relatively  low  value  to  a  value 
predicted  by  the  Spalding-Chi  law  as  the  wall  temperature 
ratio  is  increased  from  0.12  to  approximately  0.30.  For  wall 
temperature  ratios  above  0.3,  little  effect  of  wall  tem¬ 
perature  on  the  Stanton  number  is  present.  The  latter  result 
is  in  agreement  with  the  Spalding-Chi  law  and  was  a  conclu- 
sion  reached  by  Bertram  and  Neal  (Ref.  7)  for  Mach  numbers 
of  5.0  or  greater.  It  should  be  noted  that  the  spread  in 
experimental  data  shown  in  Fig.  5  is  due  partly  to  scatter 
and  partly  to  an  effect  of  Reynolds  number.  That  is,  it  was 
found  that  Stanton  numbers  corresponding  to  high  Reynolds 
numbers  were  slightly  lower  than  those  for  a  lower  Reynolds 
number,  at  the  same  wall  temperature  ratic.  This  effect 
causes  the  spread  in  the  comparative  laws  used  in  Fig.  5 
since  these  are  also  based  on  experimental  data. 


The  decrease  in  Stanton  number,  with  decreasing  wall 
temperature  ratio  for  a  highly  cooled  turbulent  boundary 
layer,  was  previously  noted  explicitly  only  in  the  experi¬ 
mental  data  of  Ref.  9.  In  these  experiments,  the  Mach 
number,  supply  temperature  and  model  wall  temperatures  are 
remarkably  close  to  those  of  the  present  tests.  The  only 
significant  difference  between  the  tests  is  that,  for  the 
data  of  Ref.  9,  the  Reynolds  numbers  are  much  lower  and 
trfpping  was  necessary  to  achieve  a  turbulent  boundary  layer. 

corral  are  correlated  in  a  manner  idential  to  the  present 
correiation  method,  except  that  the  turbulent  Blasius  law 
(Ref.  19)  was  used  with  Colburn's  Reynolds  analogy  to  obtain 
the  incompressible  Stanton  number,  and  the  compressible 
tanton  numbers  were  taken  to  vary  inversely  with  the  fifth 
power  of  the  Reynolds  number.  Fig.  6  shows  a  correlation  of 
tne  data  of  Ref.  9  and  its  comparison  with  the  Spalding-Chi 
law  and  with  the  Blasius  law  and  Sommer-Short  reference  tem- 
perature  method.  This  correlation  is  in  good  general  agree¬ 
ment  with  the  correlation  given  in  Fig.  5.  The  notable 
difference  between  correlations  is  that  the  decrease  in 
Stanton  number  with  decreasing  wall  temperature  ratio  begins 

^Al0W6n  valVf'  approximately  0.2.  This  difference  may  be 
due  to  a  Reynolds  number  effect  on  the  point  where  the 
Stanton  number  can  be  expected  to  decrease. 


SKIN-FRICTION  COEFFICIENT  CORRELATION 


The  measured  average  skin-friction  coefficient  must  be 

theVhM?d*t0  %local,co®fficient  in  order  to  directly  compare 
the  heat-transfer  and  skin-friction  data.  From  their  defi¬ 
nitions,  the  relationship  between  the  average  and  local 


\ 
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The  local  coefficients  were  deduced  from  the  average  coef¬ 
ficients  in  the  following  manner.  First,  the  assumption  was 
made  that  the  local  coefficient  varies  inversely  with  the 
one-sixth  power  of  Reynolds  number.  This  can  be  expressed 
mathematically  as: 


Cf  =  fa  ™ 

Here,  the  proportionality  constant,  C,  is  a  function  of  tem¬ 
perature  only.  Eq.  (3)  is  consistent  with  the  heat-transfer 
data.  Furthermore,  it  was  shown  in  Ref.  28  that  the  one- 
sixth  power  of  Reynolds  number  accurately  represents  incom¬ 
pressible  turbulent  skin-friction  data.  Secondly,  Eq.  (2) 
is  integrated,  with  the  help  of  Eq.  (3) ,  to  yield  an 
expression  for  the  unknown  proportionality  constant,  C. 

The  result  is: 

C  =  0.0917  .  CF  •  RL1//6  (4) 

The  local  skin-friction  coefficient  can  be  found  from  Eqs.  (3) 
and  (4) .  However,  it  is  more  convenient  to  find  the  ratio  of 
compressible  to  incompressible  skin-friction  coefficient 
since  this  ratio  can  be  compared  to  the  Stanton  number  ratios 
previously  obtained.  The  incompressible  skin-friction  co¬ 
efficient  for  cone  flow,  according  to  Young's  law,  is  given 
in  Ref.  28  as: 


Cfi  =  0._0429  (5) 

1 1  l /eT 


The  final  step  is  to  compute  the  skin-friction  coefficient 
ratio  throagh  a  comparisons  of  Eqs.  (3),  (4)  and  (5).  The 

result  is: 

Q 

=  2.167  •  CF  •  RL1/6  (6) 

Cfi 
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calculated7f?nmSJ£iS  the  Skin_fl riction  coefficient  ratio  as 
ents  for  fll  n?  measured  average  skin-friction  coeffi- 
reSl  JSS  ^  4-2  thf  vall-to-stagnation  temperature  ratios 

single  supp“  prlss^e!*  &o^^%£T:™”;.!!!£nthe 

•  asthe  sWn°?rIct?SnCcoef??°nd  ?°  the  Same  Rey"°ld=  "umbers 
mental  leJa  iJ  ?  e  °effiClent  ratlos-  Here  the  expert- 
JT iff  data  ls  ln  a  form  where  it  can  be  directly  compared 
to  determine  a  Reynolds  analogy  relationship.  7  C°mpared 

EVALUATION  OF  REYNOLDS  ANALOGY 

fer  to^kin^Jiction3^?7  relati^  boundary-layer  heat  trans- 
fRpf  oq\  v,  rictlon  was  originally  formulated  by  Reynolds 

to  ™e  hilf  Sfmeint?lnef  t!?at  the  Stanton  number^was^equal 
Reynolds  analogy  concept  vai”«e««?Snr«i«I2lV  T 

rpla(.0  ef :  •  Theoretical  work  has  been  done  to 

^Ref^  SmPTSnle  turbulent  heat  transfer  to  skin  friction 

Sl^™*  “ith  a11  -  “a  Reynold sm°re' 

s  =  2St 

Cf  (7) 

S1Fig!C7?r  Fo“  exlmp?eP'JlS  £r0m  the  experlmental  data  shown 
2St/St.  St. 

V^T  •  ^7  (8) 

where  the  ratio  Sti/Cfi  for  incompressible  turbulent  flow 
will  be  given  by  Colburn's  Reynolds  analogy. 

Sienr!;ASnn^orn?i0r£-:L^tr^^le(^r- 

shows  rt™  compressible^turbulen^Re"  *fr  ,  ™S  fi9ure 
approaches  the  incompressible  prediction^?  app?Sximltely°l°2 
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for  wall  temperature  ratios  above  0.5.  However,  for  wall 
temperature  ratios  less  than  0.5,  the  Reynolds  analogy 
factor  decreases  rapidly.  This  behavior  has  not  been  pre¬ 
viously  defined,  either  theoretically  or  experimentally, 
except  for  the  relatively  low  Reynolds  analogy  factors 
obtained  by  Wallace  (Ref.  14)  for  wall  temperature  ratios 
between  0.09  and  0.30.  The  data  of  Fig.  8  are  in  good 
qualitative  agreement  with  the  data  of  Ref.  14  for  wall  tem¬ 
perature  ratios  between  0.20  and  0.30. 


CONCLUSIONS 

An  experimental  investigation  into  the  effects  of 
extreme  and  moderate  wall  cooling  on  hypersonic  turbulent 
heat  transfer  and  skin  friction  has  been  carried  out  at 
Mach  5.0  and  for  wall-to-stagnation  temperature  ratios 
between  0.12  and  0.80.  Based  on  the  experimental  results, 
the  following  conclusions  have  been  reached. 

The  experimental  laminar  Stanton  numbers  are 
accurately  predicted  by  the  incompressible  Blasius  law, 
modified  by  the  reference  temperature  method  of  Rubesin  and 

Johnson,  for  all  of  the  wall  temperature  ratios  of  these 
tests . 

2.  The  measured  turbulent  Stanton  numbers  may 
best  be  predicted  by  the  Spalding-Chi  law  for  wall  tempera¬ 
ture  ratios  between  0.3  and  0.8. 

3-  For  wall  temperature  ratios  less  than  0.3,  the 
turoulent  Stanton  number  decreases  rapidly  with  decreasing 
wall  temperatures.  This  behavior  is  not  predicted  bv  anv 
available  law.  *  y 


4.  The  turbulent  skin-friction  coefficient  is  in 
excellent  agreement  with  Young's  incompressible  law,  modified 
by  the  reference  temperature  method  of  Sommer  and  Short,  for 
the  wall  temperature  ratios  tested,  i.e.,  0.19  <  Tw/To  <  0.73. 


...  5*  The  Reynolds  analogy  relationship  for  the  com¬ 

pressible  turbulent  flow  is  adequately  represented  by 
Colburn's  and  von  Karman's  incompressible  forms  for  wall 
temperature  ratios  above  approximately  0.5. 


6. 

compressible 
to  decrease. 


For  wall 
turbulent 
slowly  at 


temperature  ratios  less  than  0.5,  the 
Reynolds  analogy  factor  was  observed 
first  but  rapidly  for  wall  temperature 
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ratio  less  than  0.3.  This  behavior  is  due  to  the  effect  of 
extreme  wall  cooling  on  Stanton  number. 

7.  The  rapid  decrease  in  turbulent  Stanton  number 
at  very  low  wall  temperature  ratios  was  not  observed  when  a 
laminar  boundary  layer  was  present.  Although  laminar  skin- 
friction  data  were  not  obtained,  the  heat-transfer  data 
imply  that  the  Reynolds  analogy  factor  for  compressible 
laminar  boundary  layers  can  be  approximated  by  Colburn's  or 
von  Kantian' s  law  for  all  of  the  wall  temperature  ratios  of 
these  tests. 
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(U)  FIG.  1  Heat  Transfer  Measurements  fora  Laminar  Boundary  layer 
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(U)  KIG.  2a  Turbulent  Heat  Transfer  Measurements  for  a  Wall  to  Stagnation 

Temperature  Ratio  of  0. 15  1 
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R. LOCAL  REYNOLDS  NUMBER  X  10 ^ 

(U)  FIG.  2c  Turbulent  Heat  Transfer  Measurements  for  a  Wall  to  Stagnation 
Temperature  Ratio  of  0.50 
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R. LOCAL  REYNOLDS  NUMBER  X  10* 

(U)  FIG.  2d  Turbulent  Heat  Transfer  Measurements  for  a  Wall  to  Stagnation 
Temperature  Ratio  of  a  80 


RL,  MAX  I  MUM  REYNOLDS  NUMBER  ON  CONE  X  10  ^ 

(U)  FIG.  3  Base  Pressure  Coefficient  versus  Maximum  Reynolds  Number 
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(U)  FIG.  4a  Average  Turbulent  Drag  Coefficient  for  the  350  °F  Supply  Temperature 
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Tw/To.  WALL  TO  STAGNATION  TEMPERATURE  RATIO 

(U)  FIG.  7a  Comparison  of  Heat  Transfer  and  Skin  Friction  Data  for  the  350  °F 
Supply  Temperature 
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Paper  No.  15 

THE  EFFECT  OF  FLOW  FIELD  IRREGULARITIES  ON 
SWEPT  LEADING  EDGE  HEAT  TRANSFER 

(U) 

(Paper  UNCLASSIFIED) 
by 

Albert  F.  Goilnick 
M.I.T.  Aerophysicx  Laboratory 
Cambridge,  Mass.  02139 


ABSTRACT.  (U)  Stagnation  line  heat  transfer  distri¬ 
butions  were  obtained  on  blunt  swept  leading  edges  at  Mach 
J.66  and  a  unit  Reynolds  number  of  2.1  x  10$  per  foot. 
Pressure  distributions  were  obtained  for  comparable  test 
conditions.  The  results  illustrate  the  effects  of  various 
flow  nonuni formi ties  on  leading  edge  heat  transfer  and 
pressure,  including  those  arising  from:  finite  span  and 
nonuniform  leading  edge  sweep,  free  stream  nonuniformity 
induced  by  the  bow  shock  of  a  typical  blunt  body,  boundary 
interaction  near  the  leading  edge  root,  and  impingement  of 
a  trailing  tip  vortex.  At  present  none  of  these  effects 
can  be  predicted  analytically  and  all  may  lead  to  signifi¬ 
cant  deviation  from  the  levels  based  on  infinite  cylinder 
theory.  The  importance  of  the  individual  results  are  dis¬ 
cussed  and,  where  possible,  appropriate  design  criteria  are 
presented. 
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INTRODUCTION 

(U)  It  is  well  known  that  the  heat  flux  to  the  wing 
leading  edge  can  produce  severe  burdens  on  the  adjacent 
structure  as  vehicle  operating  speeds  are  increased  into 
the  high  supersonic  regime.  Ideally  the  problem  can  be 
alleviated  by  selecting  a  suitable  combination  of  leading 
edge  bluntness  and  sweep  angle,  based  on  predicted  heat 
transfer  levels.  However  both  of  these  techniques  can 
adversely  affect  vehicle  performance,  so  it  is  most  impor¬ 
tant  that  the  aerodynamic  heating  analysis  be  very  accurate 
and  also  be  applicable  to  a  wide  range  of  vehicle  geometries 
and  flight  conditions.  In  the  case  of  a  laminar  leading 
edge  boundary  layer,  a  two-dimensional  analysis  has  been 
used,  based  on  an  idealized  model  of  the  flow,  corresponding 
to  that  on  an  infinitely  long  cylinder  of  constant  sweep 
(Ref.  1,2).  Recently  a  number  of  potentially  fruitful 
analyses  of  the  full  three-dimensional  boundary  layer  prob¬ 
lem  have  been  published  (Ref.  3-7),  which  focus  attention 
on  the  leading  edge  stagnation  line,  where  the  highest  heat 
flux  will  normally  occur.  The  limits  on  the  applicability 
of  the  infinite  cylinder  analyses,  in  terms  of  Mach  and 
Reynolds  number;  sweep  angle  and  wing  angle  of  attack  are 
fairlyflwell  defined  (Ref.  8,9),  based  on  experimental  data 
obtained  on  the  idealized  model.  This  has  not  yet  been 
accomplished  for  the  newer  theories,  due  in  part  to  the 
lack  of  suitable  experimental  data. 

(U)  Perhaps  more  important  from  the  design  standpoint 
is  the  fact  that  on  practical  vehicle  configurations 
various  phenomena  actually  do  occur  which  can  adversely 
affect  the  stagnation  line  heat  transfer  to  the  leading 
edge  and  that  these  are  essentially  three-dimensional  in 
nature.  Some  attention  has  been  given  to  the  effects  of 
high  angles  of  attack  (Ref.  9)  and  to  shock  impingement 
(Ref.  10,11).  To  this  list  may  be  added  various  types  of 
wing/body  interference,  as  well  as  noni sothermal  and  non- 
uniform  sweep  effe-r  :s.  Often  these  occur  in  combination. 
Presently  neither  existing  theory  nor  available  experimental 
data  provides  a  satisfactory  basis  for  establishing  reliable 
design  criteria  for  minimizing  adverse  effects  of  these 
phenomena  on  leading  edge  heat  transfer. 

(U)  As  part  of  an  extended  study  of  leading  edge  aero¬ 
dynamic  heating,  sponsored  by  the  Naval  Weapons  Center  at 


442 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

China  Lake,  the  M.I.T.  Aerophysics  Laboratory  has  measured 
the  effects  on  heat  transfer  of  some  of  the  above  phenomena 
(Ref.  12,13,14).  The  study  includes  the  effect  of  leading 
edge  curvature  (i.e.  nonuniform  sweep),  wing/body  inter¬ 
ference  and  vortex  impingement.  In  this  paper  the  results 
are  compared  with  infinite  cylinder  predictions,  and  their 
significance  discussed  with  reference  to  design  considera¬ 
tions. 


TEST  PROGRAM 


(U)  The  tests  were  carried  out  in  the  M.I.T.  Naval 
Supersonic  Facility  continuous  flow  closed  circuit  wind 
tunnel.  The  heat  transfer  measurements  were  obtained  using 
the  so-called  hot  core  installation  (Ref.  15)  which  pro¬ 
vides  a  6x6  inch  region  of  high  temperature  (T0  'v  600°F) 
uniform  Mach  3.66  flow.  The  core  is  established  within  the 
standard  Mach  3.5  nozzle  blocks,  so  the  balance  of  18x18 
inch  wind  tunnel  test  section  is  filled  with  a  cool  (T0 
70°F)  flow  at  about  Mach  3.5.  The  two  flow  regimes  are 
separated  by  a  shear  layer  approximately  1  1/2  inches  thick, 
across  which  the  static  pressure  is  balanced.  A  splitter 
plate  (Fig.  1)  was  located  at  the  inner  edge  of  the  shear 
layer  and  parallel  to  the  core  axis.  The  half  span  models 
(Fig.  2)  were  mounted  perpendicular  to  the  splitter  plate 
on  a  movable  pylon  driven  by  a  pneumatic  piston.  With  the 
pylon  retracted  the  wing  was  immersed  in  the  cool  peripheral 
flow  behind  the  splitter  plate.  Upon  injection  the  model 
passed  through  an  appropriately  contoured  slot  in  the  plate 
and  into  the  core  flow,  the  penetration  distance  being 
varied  by  adjusting  the  piston  stroke.  There  resulted  a 
step  increase  in  the  leading  edge  recovery  temperature  and 
hence  in  heat  flux.  Between  data  runs  the  pylon  was  re¬ 
tracted  and  the  model  cooled  to  a  uniform  temperature  pre¬ 
paratory  to  the  next  data  run. 

(U)  The  isothermal  heat  transfer  distribution  was 
obtained  from  the  temperature  responses  of  small  heat  gages 
mounted  along  the  leading  edge  stagnation  line.  Each  gage 
consisted  of  a  small  cylindrical  ceramic  plug  mounted  with 
its  axis  perpendicular  to  the  leading  edge  and  insulated 
from  the  rest  of  the  model.  The  plug  temperature  response 
was  measured  by  a  thermocouple  located  in  the  center  of  the 
exposed  surface.  Design,  calibration  and  use  of  the  heat 
gage  is  described  in  detail  in  Ref.  16.  During  the  data 
recording  interval  the  gage  temperature  rise  was  small  com¬ 
pared  to  (Taw-Ti) ,  where  Taw  is  the  adiabatic  wall  tempera¬ 
ture  for  the  leading  edge  in  the  hot  core,  and  Ti  is  the 
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initial  leading  edge  temperature  prior  to  model  injection. 
Using  one-dimensional  analysis  the  isothermal  heat  transfer 
coefficient  corresponding  to  Ti  may  he  computed  (Ref.  17) 

(U)  Pressure  data  was  obtained  on  separate  models  at 
Mach  3.55  with  the  hot  core  removed  and  the  models  mounted 
on  the  splitter  plate.  In  addition  some  data  was  obtained 
with  the  splitter  plate  removed  and  Models  A,  B  and  C  sting- 
mounted.  Thus  the  leading  edge  shock  shape  could  be  ob¬ 
served  and  photographed  through  the  Facility's  30  inch 
diameter  single  pass  schlieren  system.  A  small  amount  of 
pressure  data  was  also  recorded  at  Mach  3.66  on  Model  Si  in 
the  hot  core. 

(U)  The  test  configuration  used  during  the  vortex  im¬ 
pingement  study  is  shown  in  Fig.  1.  The  generator  consisted 
of  a  rectangular  stub  wing  having  a  double  wedge  airfoil 
section  (11°  25'  included  angle)  and  an  aspect  ratio  of 
2.30  (chord  =  2.10  ins).  Since  it  is  not  possible  to  accu- 
rately  predict  the  location  of  the  vortex  generator  with 
respect  to  the  plane  of  the  model  necessary  to  ensure  im¬ 
pingement  of  the  tip  vortex  on  the  leading  edge,  this  was 
determined  experimentally.  The  generator  pitch  angle  was 
preset  and  a  vapor  screen  established  by  runninq  the  wind 
tunnel  at  a  high  dew  point  with  the  hot  core  removed.  A 
luminous  "screen"  of  vapor  was  created  using  an  illuminated 
slit  (Fig.  1).  The  vortex  core  appeared  as  a  dark  hole  in 
the  screen.  By  remotely  adjusting  the  vertical  location  of 
the  generator  with  respect  to  the  plane  of  the  model,  the 
vortex  could  be  caused  to  impinge  on  the  leading  edge.  Since 
the  normalized  downwash  velocity  (w/uoo)  and  hence  the 
vertical  displacement  of  the  vortex  (z/c)  is  dependent  on 
the  total  lift  coefficient  (CL)  only  (at  a  fixed  streamwise 
location  l/c) ,  it  was  possible  to  determine  the  proper 
settings  for  the  vortex  generator  in  this  manner,  and  use 
the  same  settings  in  the  hot  core  at  Mach  3.66;  even  though 
the  vortex  strengths  are  much  different,  due  primarily  to 
the  different  T0  (Ref.  14).  The  small  error  in  Cr  due  to 
the  change  in  M^  could  be  neglected  in  this  case. 

(U)  All  models  had  cylindrical  leading  edges  of  either 
0.063  or  0.125  inch  radius.  Of  the  models  shown  in  Fig  2 
Slf  which  was  tested  first,  was  a  full  scale  production* 
version  of  the  Sidewinder  I  canard,  supplied  by  the  U.S. 

Naval  Weapons  Center  and  instrumented  and  modified  for  the 
test  program.  The  leading  edge  radius  was  0.063  inches. 

One  canard  was  cropped  to  three-quarter  span  and  used  to 
study  wing/body  interference  effects  in  conjunction  with  a 
blunt  ogive-cylindrical  half-body  having  the  same  contour 
as  that  tested  in  Ref.  18.  This  configuration  is  denoted 
SiB.  A  twice  scale,  half  span  model  of  the  canard  (Model  S2) 
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was  used  to  investigate  Reynolds  number  effects  in  lieu  of 
varying  the  wind  tunnel  conditions.  The  Sidewinder  canard 
planform  consists  of  a  constant  radius  root  section  (Rp  = 
1.00  inches)  which  fairs  tangentially  into  a  constant  (66.7 
degree)  sweep  outboard  section.  This  same  outboard  sweep 
angle  was  used  on  the  subsequent  models,  in  order  to  pro¬ 
vide  data  comparable  to  that  obtained  on  Models  S^  and  S2- 
Models  A,  B  and  C  consisted  of  blunt  slab  wings  with  one- 
eighth  inch  radius  leading  edges.  Model  C  was  the  constant 
sweep  model  used  as  a  basis  of  comparison  for  the  variable 
sweep  data,  and  for  the  interference  and  vortex  impingement 
studies.  Models  A  and  B  were  formed  by  adding  root  sections 
of  either  0  degrees  and  30  degrees  sweep  respectively  to  the. 
root  of  Model  C,  thus  providing  a  leading  edge  configuration 
incorporating  a  step  increase  in  sweep  angle. 


RESULTS 


(U)  Both  heat  transfer  and  pressure  distributions 
were  obtained  along  the  leading  edge  stagnation  line  of  the 
various  models  at  zero  angle  of  attack.  The  pressure,  data 
was  used  to  determine  the  local  recovery  temperature  (Taw) 
as  described  below,  and  also  to  provide  additional  informa¬ 
tion  concerning  the  effects  of  the  various  flow  phenomena 
studied . 

(U)  At  present  the  most  commonly  used  and  straight¬ 
forward  method  for  computing  stagnation  line  heat  transfer 
coefficients  is  based  on  infinite  swept  cylinder  theory. 

Data  obtained  on  straight  cylindrical  leading  edges  indicates 
that,  at  low  Reynolds  numbers  and  angles  of  attack,  and  for 
moderate  sweep  angles,  this  theory  gives  heat  transfer  co¬ 
efficients  which  are  accurate  to  ±15%.  It  is  thus  of 
particular  importance  to  determine  what  errors  result  from 
applying  the  available  theory  to  wing  configurations  and 
flow  fields  such  as  those  treated  in  this  report.  Therefore 
the  results  presented  herein  have  been  normalized  with  res¬ 
pect  to  the  theoretical  values  based  on  either  the  constant, 
outboard  sweep  angle  (A0)  or  on  the  local  sweep  angle. 


FREE  STREAM  CONDITIONS 

(U)  Free  stream  conditions  in  the  hot  core  were  held 
constant  throughout  the  program,  giving  a  test  Mach  number 
(M^)  of  3.66,  at  a  stagnation  pressure  (pQ)  and  temperature 
(T0)  of  5.00  psia  and  600°F,  respectively.  This  corres¬ 
ponds  to  a  unit  Reynolds  number  of  2.1  x  10^  per  foot,  and 
a  Reynolds  number  based  on  leading  edge  radius  (Rer)  of 
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1.1  x  103  and  2.2  x  103  for  Models  S-,  and  S2,  A,  B  and  C 
respectively.  The  pressure  data  was  obtained  with  1.6  < 

Rer  x  10  <  12  at  a  Mach  number  of  3.48  to  3.51  (dependina 

on  Reynolds  number) .  The  boundary  layer  was  assumedPto  be9 
laminar,  consistent  with  the  results  of  the  literature  re¬ 
view  contained  in  Ref.  12,  which  gives  a  critical  Reynolds 
number  ot  Rer  -  5  x  104  for  moderate  sweep  angles. 

RECOVERY  TEMPERATURES 

frnm  In  order  to  obtain  the  heat  transfer  coefficient 

from  the  heat  gage  responses,  it  was  necessary  to  determine 

adiacentVt^hemP^ratUre  (Taw)  baSed  on  the  Mach  numfaer  (m£) 
adjacent  to  the  stagnation  line  boundary  layer:  £ 


aw 


1  ^  ^ 
1  +  M£2 


(1) 


The  laminar  value  of  the  recovery  factor  (r  =  /Pr  was 

puted8frthrOUghOUt‘-  ThG  MaCh  nU^ber  distribution  was  com- 
staonJ  lsentr°Plc  flow  relations,  using  the  static-to- 
Pr!ssur\ratio  (Pw/Po £)•  Measured  values  of  pw 

the  floffiHH  §o£  H?d  t0  b!  aPProximated,  since  details  of 
the  flow  field  downstream  of  the  leading  edge  bow  shock 

that  theninv:  T™°  ™eth°ds  were  used,  both  of  which  assume 
lnyiscid  flow  between  shock  and  boundary  layer  is 
irrotational  in  the  plane  of  the  stagnation  line.  This  is 

a®sumPtlon  at  zer°  angle  of  attack,  provided  both 
leading  edge  and  shock  planforms  are  straight.  It  is  only 
approximately  true  in  other  cases,  and  maybe  grosstj  In 

tr/nr  at  hl9P  angles  or  in  regions  where,  either  due 

to  pronounced  leading  edge  curvature  or  flow  interferences 

thr^rH°US  klnds.'  the  flow  near  the  leading  edge  is  strongly 

of  infiiTtpS1°na^  «?w*ver»  this  approach  is  characterise? 
of  infinite  swept  cylinder  theory,  which  calculates  both  d 

TPlr0*  °P  th1  basis  of  the  shock  being  parallel  to  the  W 

is  takenearthee^a2)  V-ThG  surface  Pressure  in  this  case 
L u  P  stagnation  pressure  downstream  of  a  normal 
shock  whose  strength  corresponds  to  the  free  stream  flow 
component  perpendicular  to  the  leading  edge.  The  stagnation 
pressure  is  computed  from  the  oblique  shock  relations  for 
iss-ntropic  flow,  using  the  sweep  angle  (A).  On  this  basis 
Taw/T0  may  be  computed  directly  from  the  following  expression 
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(U)  The  simpler  of  the  two  methods  used  in  reducing 
the  data  differs  from  the  above  approach  in  one  respect 
only:  the  local  Mach  number  is  computed  explicitly  v  ing 
the  measured  surface  pressure  values,  while  computing  the 
stagnation  pressure  p0£,  based  on  the  lccal  sweep  anqle, 
as  before. 

(U)  The  second  method  can  be  used  when  the  actual 
shock  shape  is  known  (e.g.  from  a  schlieren  photograph). 

In  this  case  the  downstream  flow  properties  and  streamline 
directions  can  once  again  be  obtained  using  oblique  shock 
relations  and  the  shock  angles  as  measured  from  the  photo¬ 
graph.  By  extrapolating  the  streamlines  from  shock  to 
leading  edge  (assuming  them  to  be  straight)  points  of  corres¬ 
pondence  on  shock  and  wing  could  be  found  and  the  leading 
edge  stagnation  pressure  distribution  determined.  The  dis- 
tributions  of  p^,  and  Taw  along  the  leading  edge  can 
then  be  computed,  using  the  measured  values  of  p  .  in 
practice  the  mapping  of  the  downstream  flow  sometimes  lead 
to  intersecting  streamlines  originating  from  different 
points  on  the  shock  -  due  to  pronounced  shock  (and  leading 
edge)  curvature  on  Models  Sx,  A  and  B.  This  is  a  clear 
indication  of  the  limitations  of  this  approach.  In  such  a 
case  the  dilemma  was  resolved  by  fairing  the  best  curve 
through  the  computed  p0£  versus  s  distribution. 

(U)  Both  of  the  above  methods  were  used  during  the 
program,  together  with  the  usual  infinite  cylinder  technique 
described  above.  M 

(U)  It  is  shown  in, Ref.  12  that  Taw/T0  is  quite  in¬ 
sensitive  to  errors  in  M*.  Indeed,  for  M^  -  1,  a  1%  error 
m  Mach  number  produces  a  0.015%  error  in  Taw.  At  Mo  %  3 
this  figure  is  0.025%.  Thus  it  is  not  surprising  that  the 
various  values  of  Taw/To  for  the  66.7  deg.  sweep  portion  of 
the  wmgs  are  in  close  agreement.  The  method  of  Ref.  2  gives 
a  value  of  0.913;  those  based  on  measured  pw  and  a  known 
shock  shape  give  0.909.  If  the  leading  edge  were  relatively 
hot  this  discrepancy  could  be  significant,  but  during  the 
present  program  the  wings  were  always  cold,  i.e.  T  /T  <05 
so  the  error  in  computing  the  heat  transfer  coefficient  "was  ' 
less  than  1%.  in  many  cases,  therefore,  use  of  Eq.  (2) 
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combined  with  the  local  sweep  angle  will  give  reasonably 
accurate  predictions  of  T=  . 

aW 

HEAT  TRANSFER  COEFFICIENT 

(°)  The  details  of  the  data  reduction  procedures  for 
Models  Si,  S^B  and  S2  appear  in  Ref.  12;  those  for  Models 
A,  B  and  C  in  Refs.  13  and  14.  All  are  based  on  the  methods 
contained  in  Ref.  17.  Basically,  the  heat  transfer  coeffi¬ 
cient  (h)  was  assumed  to  be  isothermal  and  constant  over  the 
data  time  interval.  It  was  computed  from  the  measured  heat 
flux  (q)  using  Eq.  (3); 


q  =  h  (T.--T  )  (3) 

1  aw' 


(U)  On  Models  A,  B  and  C  the  heat  gage  design  and 
calibration  technique  were  substantially  improved .  The 
gages  on  Models  Si  and  S2  had  a  repeatability  of  ±3%  and  an 
average  scatter  (gage  to  gage)  of  ±10%.  Due  to  calibration 
difficulties,  however,  the  uncertainty  in  the  absolute  heat 
flux  level  could  be  as  high  at  25%.  The  corresponding 
uncertainty  for  the  later  gages  (i.e.  those  on  Models  A, 

3  and  C) ,  was  only  ±7%  and  the  gage  repeatability  ±2%. 


EFFECTS  OF  LEADING  EDGE  GEOMETRY 

(U)  The  leading  edge  data  obtained  during  the  program 
was  effected  by  two  model  geometrical  characteristics. 
First,  the  wings  were  of  finite  span,  with  both  a  root  or 
nose  and  also  a  tip.  Thus  the  leading  edge  was  not  really 
infinite.  Secondly,  in  the  case  of  all  but  Model  C,  the 
leading  edge  sweep  was  not.  constant,  but  increased,  either 
over  a  curved  section  near  the  root  (Models  Sj  and  S2)  or 
in  a  single  step  (Models  A  and  B) .  In  some  instances  the 
effects  of  leading  edge  geometry  on  pressure  and  heat  flux 
was  masked  by,  or  combined  with  those  arising  from  other 
phenomena  (such  as  boundary  layer  separation  near  the  wing 
root);  however,  some  indication  of  root  and  tip  (i.e. 
finite  span)  effects  were  isolated  and  a  significant  amount 
of  data  on  nonuniform  sweep  effects  was  obtained. 

EFFECT  OF  FINITE  SPAN 

(U)  The  effects  of  finite  leading  edge  length  can  be 
illustrated  by  the  data  obtained  at  constant  sweep  on  Model 
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C  (Fig.  3).  The  heat  transfer  coefficient  (FT)  has  been 
normalized  with  respect  to  the  theoretical  value  for  A0  = 
66.7  deg.  The  distance  normal  to  the  wing  root  (y)  has 
been  normalized  with  respect  to  the  leading  edge  radius  (r) 

(U)  Due  to  the  presence  of  the  splitter  plate,  any 
variation  in  heat  transfer  near  the  leading  edge  root  is 
masked  by  the  interaction  between  splitter  plate  boundary 
layer  and  that  on  the  model  leading  edge.  Stagnation  line 
heat  transfer  and  pressure  data  taken  on  sharp  nosed,  full 
span  delta  wings  (Ref.  19)  indicates  that  shock/boundary 
layer  interaction  near  the  apex  can  bring  about  increased 
pressure  and  heat  flux  levels  downstream  thereof.  This 
effect  was  also  noted  in  the  present  instance  when  Model  C 
was  sting-mounted.  Comparison  with  Ref.  19  data  suggests 
that  the  pressures  are  affected  more  than  the  heat  transfer, 
and  that  the  effect  decays  with  increasing  Mach  number  (the 
Ref.  19  data  was  obtained  at  Mach  9.6,  A0  =  70°,  2.2  <  Re 
x  10  <  4.0).  For  the  Ref.  19  data  the  heat  transfer  r 

ievei  decays  to  the  theoretical  value  within  twenty  leading 
edge  radii  of  the  apex.  This  is  in  qualitative  agreement 
with  Liu  s  small  perturbation  theory  (Ref.  20). 

(U)  It  was  noted  that  for  all  models  tested  the  bow 
shock  was  not  parallel  to  the  leading  edge,  even  near  the 
wing  tip.  This  would  help  to  explain  the  fact  that  the 
measured  heat  flux  (and  pressure)  level  is  higher  than 
theory.  If  the  shock  angle  rather  than  the  sweep  angle  were 
used  in  predicting  h,  the  disagreement  would  be  reduced  by 
about  2%  on  the  outboard  portion  of  Model  C.  In  cases  where 
e  leading  edge  shock  shape  is  known,  therefore,  using  the 
shock  angle  can  improve  the  accuracy  of  the  heat  transfer 
prediction. 


(U)  In  Fig.  3  the  difference  between  the  flogged  and 
un  lagged  Model  C  data  is  that  in  the  former  case  the 
leading  edge  was  not  isotherma]  prior  to  injection,  for 
y/r  >  30.  This  was  also  true  for  Models  A  and  B  (Fiq  4) 
due  to  the  experimental  technique  used.  By  design  th4  sh4ar 
layer  at  the  hot  core  boundary  passed  behind  the  splitter 
plate.  It  impinged  on  the  outer  portion  of  the  wings,  re¬ 
sulting  in  relatively  high  initial  temperatures.  This 
problem  was  eliminated  by  retracting  Model  C  deeper  in^o 
the  cold  peripheral  flow  during  the  pre-cooling  process 
(unflagged  data) . 


(U)  In  Fig.  4  the  normalized  heat  transfer  distribu¬ 
tion  outooard  on  the  constant  sweep  section  of  the  leading 
e  ?e  18  presented,  s'  being  the  distance  from  the  point  at 
which  the  sweep  first  becomes  constant,  measured  parallel 
to  the  stagnation  line.  Using  the  theory  of  Ref.  3  for 
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large  s',  together  with  the  measured  values  of  Ti ,  the  iso¬ 
thermal  and  nonisothermal  heat  flux  distributions  have  been 
computed  (Ref.  21).  These  appear  for  Model  A  in  Fig.  4. 
Agreement  between  the  nonisothermal  curve  and  the  data  is 
quite  good. 

EFFECT  OF  NONUNIFORM  SWEEP 

(U)  All  of  the  nonuniform  sweep  models  tested  during 
the  program  combine  a  root  section  of  low  sweep  (and  hence 
high  heat  flux)  with  an  outboard  panel  of  constant  high 
sweep,  on  which  the  leading  edge  heat  flux  is  relatively 
low.  Primary  interest  is  centered  on  the  extent  to  which 
the  high  heating  rates  persist  outboard  of  the  point  at 
which  A  becomes  constant.  This  decay  length  can  be  inferred 
from  the  leading  edge  heat  transfer  distributions,  which 
appear  in  Fig.  4.  The  coordinate  s'/r  is  the  distance  along 
the  stagnation  line  measured  from  the  start  of  the  constant 
sweep  section  and  normalized  with  respect  to  the  leadinq 
edge  radius.  The  heat  transfer  coefficient  (h)  has  been 
normalized  with  respect  to  the  theoretical  values  for  A0  = 
66.7°  and  the  appropriate  free  stream  conditions. 

(U)  The  shock  shapes  obtained  on  the  nonuniform  sweep 
models  exhibit  the  same  gross  characteristics  and,  as  pre¬ 
viously  noted,  are  similar  to  those  observed  elsewhere 
(Ref.  19,22).  However,  while  the  shock  angle  for  the  sharp 
cornered  models  increases  monotonically ,  the  shocks  on  Model 
S1  and  the  hemispherical-nosed  models  of  Ref.  19  and  22  have 
an  inflection  some  distance  outboard  on  the  constant  sweep 
section.  It  would  seem  that  the  shock  shape  should  be  de¬ 
termined  by  the  detailed  leading  edge  geometry  and  M  .  In 
Ref.  23,  however,  it  is  shown  that  for  a  blunt  nosed" delta 
wing  with  A0  =  80°  the  shock  corresponds  to  that  on  a 
hemisphere,  so  at  high  sweep  angles  the  straight  leading  edqe 
plays  little  or  no  part  in  determining  the  shape,  and  carry¬ 
over  effects  will  persist  much  further  outboard  than  at 
lower  A0. 

(U)  The  heat  transfer  is  seen  to  decay  much  more 
rapidly  on  Models  A  and  B  than  on  Models  and  S2»  for 
which  there  is  a  carry-over  at  least  as  far  outboard  as 
s'/r  =  50.  The  relatively  low  heat  transfer  levels  ob¬ 
tained  outboard  of  s'/r  =  60  are  probably  due  to  noniso¬ 
thermal  effects,  as  already  noted.  The  pressure  data  on 
Models  S , S 2  and  A  exhibit  little  carry-over  and  agree  well 
with  theoretical  predictions  based  on  the  local  sweep  angle. 
On  Model  B,  however,  there  appears  to  be  a  pronounced  ovrr-' 
expansion  outboard  of  the  corner,  resulting  in  reduced 
pressures  for  s'/r  <  20. 
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(U)  The  persistence  of  the  high  root  heating  rates  out¬ 
board  onto  the  constant  sweep  leading  edge  is  believed  to  be 
due  to  rotationality  induced  in  the  inviscid  flow  field  near 
the  leading  edge  by  the  curved  shock  which,  in  turn,  is  the 
result  of  the  varying  leading  edge  sweep.  It  has  been  shown 
both  experimentally  (Ref.  24)  and  theoretically  (Ref.  25)  that 
properiy  oriented  free  stream  vorticity  can  greatly  increase 
the  heat  flux  near  the  stagnation  line  of  a  yawed  cylinder, 
while  affecting  the  pressure  level  only  slightly.  The  slight 
heat  transfer  carry-over  observed  on  the  sharp  cornered 
models  as  compared  with  that  on  Models  S2  and  SP  can  be  ex- 
P  ained  in  terms  of  the  leading  edge  planform  radius  of 
curvature  (Rp) ,  see  Fig.  2,  since  the  region  of  rotational 
flow  should  be  related  in  extent  and  strength  to  the  shock 
radius  of  curvature  and  he,.ce  to  Rp. 

(U)  In  order  to  determine  the  extent  to  which  R„  is  a 
characteristic  length  for  nonuniform  sweep  effects  the  Model 
i>l  and  S2  data  is  compared  with  published  results  on  other 
configurations  with  nonuniformly  swept  leading  edges  (Fig. 

5).  Once  again,  h  is  normalized  with  respect  to  the  theo¬ 
retical  value  for  A0.  The  distance  from  the  leading  edge 
root  (s)  is  measured  along  the  stagnation  line.  The  only 
other  data  found  (Ref.  19,23,26)  was  obtained  on  sting 
mounted  delta  wings  with  hemispherical  noses  and  straight 
leading  edges.  This  configuration  differs  from  Models  Si 
and  S2  in  two  important  aspects:  (a)  the  leading  edge  ahd 
planform  radii  of  curvature  are  equal  (r  =  RD) ;  (b)  there 

is  no  boundary  layer  interaction  near  the  stagnation  point 
(A  0  deg.).  Apart  from  the  heat  transfer  data  of  Ref  26 
no  measurements  were  taken  on  the  model  noses  where  A  is 
varying.  In  addition  very  little  data  was  taken  for  s/TU 
<  6  which,  based  on  the  and  S2  results,  is  the  region5 
where  a  carry-over  effect  might  be  detected.  The  theoretical 
curve  for  Model  Sx  is  also  shown  in  Fig.  5.  Observations 
concerning  the  data  may  be  summarized  as  follows; 

(i)  Even  on  the  outboard  portion  of  the  wings  (s/R  > 

6)  agreement  between  infinite  cylinder  theory  and  exper?ment 
is  on  y  -20%.  The  A0  =  80°  data  indicates  agreement  will 
deteriorate  for  A0  >  70°. 

,  Ref*  an<!  data  exhibits  no  carry-over 

effect.  The  present  data  does  so,  for  the  region  s/R  <  fi  n 
The  data  of  Ref.  26  at  s/Rp  =  4. 7 'is  consisted  with  ?hi  °* 
present  results,  especially  at  low  Mach  number.  This  agree- 

norma li2ing6£actorfS  t0  USi"9  *P  as  the  SP™ 

io  with1!5  -bfrww1  si  and  Ref;  ?6  £ata  and  that  from  Ref- 

Ref  fq  h°W  3  Peak  ln  K  near  S/RP  =  10*  The 

Ref.  19  and  23  data  does  not  contain  such  a  peak,  and  the 
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Ref.  10  data  for  A0  =  60  deg.  shows  no  such  effect.  It 
should  be  noted  that  in  Fig.  4  the  Model  A  and  B  data  agrees 
with  the  data  in  this  respect. 

(iv)  The  Ref.  26  data,  which  was  obtained  at  constant 
Rer ,  suggests  that  any  carry-over  effect  and  any  local 
peaking  in  h  will  decrease  with  increasing  M  .  The  Ref.  23 
results  (A0  =  80  deg.)  also  suggest  a  decrease  in  h  with  in¬ 
creasing  Mach  number.  The  relative  levels  of  the  Mach  6.8 
and  9.6  data  (Ref.  19)  agrees  with  this  conclusion,  but 
excepting  at  Rer  =  12  x  104  their  results  are  substantially 
lower  than  those  obtained  in  Ref.  26  at  comparable  Mach 
numbers. 


(v)  The  Models  Sj_  and  S2  data  are  in  quite  good  agree¬ 
ment  at  s/Rp  equals  0.4  and  1.35,  indicating  that  the  heat 
transfer  is  inversely  proportional  to  rl/2,  and  hence  to 
Rer  /  as  theory  predicts.  The  discrepancy  at  s/RD  =  0.2 
is  due  to  the  splitter  plate  boundary  layer.  No  explanation 
has  been  found  for  the  high  heat  flux  level  obtained  on 
Model  S2  at  s/Rp  =4.1. 


(vi)  There  is  no  clear  cut  trend  with  Reynolds  number. 
Even  the  data  obtained  in  Ref.  19  and  23  at  relatively  hiqh 
Rer  (that  is  12  x  10  and  18.5  x  104,  respectively)  is  in 
fair  agreement  with  the  laminar  theory. 


(vii)  The  poor  agreement  between  the  predicted  heat 
transfer  distribution  for  Model  S^,  based  on  local  sweep 
angle  and  the  data  for  s/Rp  <  0.5  can  be  attributed  to 
boundary  layer  interaction  in  this  region. 


(U)  In  summary  the  present  shortage  of  data  for  non- 
uniformly  swept  leading  edges  makes  it  difficult  to  draw 
definite  conclusions.  In  spite  of  the  apparent  contra¬ 
diction  between  the  Ref.  19  results  and  the  Sj  data,  the 
possibility  of  a  pronounced  heat  transfer  carry-over  exists. 
It  can  only  be  speculated  whether  the  presence  or  absence  of 
such  an  effect  is  dependent  on  a  particular  combination  of 
Mach  number  and  sweep  angle,  or  whether  the  ratio  of  leading 
edge  to  planform  radii  has  some  special  significance.  It  is 
that  the  boundary  layer  interaction  near  the  root 
of  Models  Si  and  S2  may  be  a  contributing  factor.  This  could 
produce  a  much  thicker  boundary  layer  along  the  wing  leading 
edge  which,  by  making  the  skin  friction  and  heat  transfer 
less  sensitive  to  leading  edge  curvature,  could  lead  to  a 
slower  rate  of  decay,  but  in  that  event  the  agreement  with 

the  Ref.  26  data  (for  which  no  such  interaction  can  occur) 
should  not  occur. 


(U)  It  seems  clear  that  where  a  carry-over  effect  does 
exist,  it  is  related  to  the  planform  curvature,  and  there¬ 
fore  may  be  minimized  by  making  Rp  as  small  as  possible. 
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(U)  The  possible  existence  of  a  locally  high  h  out¬ 
board  on  the  constant  sweep  leading  edge  is  cause  for  some 
concern.  Once  again,  the  available  data  is  too  sparse  to 
enable  either  the  cause  or  the  severity  of  this  problem  to 
be  defined.  It  would  seem  that  its  location  on  different 
models  can  be  correlated  on  the  basis  of  Rp.  This  suggests 
that  it  is  related  once  again  to  the  presence  of  the  highly 
heated  inboard  section. 


EFFECTS  OF  WING-BODY  FLOW  INTERFERENCE 

(U)  A  review  of;  the  literature  reveals  that  while  con¬ 
siderable  effort  has  been  devoted  to  measuring  pressure  and 
heat  transfer  distributions  on  swept  cylinders  and  blunt 
leading  edges  of  delta  wings,  little  attention  has  been 
paid  to  more  practical  configurations  in  which  the  wing  is 
tested  in  combination  with  typical  missile  and  aircraft 
components.  Yet  the  blunt  nosed  missile  body  or  aircraft 
fuselage  and  protuberances  such  as  stub  antenna  and  control 
canards  can  alter  the  flow  over  the  wing  leading  edge  in  a 
variety  of  ways,  thus  affecting  the  stagnation  line  heat 
transfer  and  pressure  distributions  to  an  extent  which,  for 
the  most  part,  cannot  presently  be  predicted  with  any  degree 
of  accuracy. 

(U)  Two  general  categories  of  interference  can  be  dis¬ 
cerned.  In  the  first  of  these  the  entire  inviscid  flow 
field  upstream  of  the  leading  edge  is  affected,  while  in  the 
second  the  initial  impact  is  localized  to  small  regions 
within  the  leading  edge  boundary  layer  or  the  adjacent  flow 
field  between  the  leading  edge  and  the  shock.  If  a  wing  is 
mounted  on  a  blunt  nosed  body,  the  body  bow  shock  may  pro¬ 
duce  both  types  of  interference.  By  modifying  the  flow 
conditions  upstream  of  the  leading  edge  it  can  affect  the 
entire  heat  transfer  and  pressure  distribution.  The  shock 
can  also  cause  interference  of  the  second  type  if  it  should 
impinge  on  the  leading  edge.  The  body  itself  can  produce 
changes  near  the  leading  edge  root,  due  to  interaction  be¬ 
tween  the  two  boundary  layers  (one  on  the  body,  the  other  on 
the  leading  edge) .  Similarly  the  wake  of  a  canard  mounted 
upstream  of  the  wing  can  affect  a  large  portion  of  the 
leading  edge,  while  the  tip  vortex  and  shock  can  produce 
localized  changes  further  outboard.  It  is  to  be  expected 
that  usually  two  or  more  different  types  of  interference 
will  be  present  simultaneously,  making  it  difficult  to 
isolate  the  individual  effects  of  each,  and  causing  possible 
mutual  interaction  which  could  produce  additional  changes. 
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the  wing.  This  implies  that  the  outboard  portion  of  the 
bow  shock  has  relatively  little  effect  on  the  leading 
edge  heat  transfer  and  in  most  cases  its  shape  need  not  be 
known  m  detail.  The  significant  portion  of  the  shock 
therefore  is  largely  determined  by  the  hemispherical  body 
nose.  It  should  be  noted  that  the  theoretical  heat  flux 
at  the  root  for  Model  SXB  is  68%  of  that  on  Si.  If  this 
value  were  used  to  predict  outboard  heat  transfer  rates  in 
the  presence  of  the  body,  it  would  underestimate  them 
significantly.  Neglecting  the  bow  shock  entirely  and  usinq 
infinite  cylinder  theory  would  be  more  satisfactory,  but  as 
can  be  seen  in  Fig.  7,  for  s/r  <  80  this  approach  will  also 
underestimate  the  heat  transfer  by  as  much  as  20%. 

(U)  One  consideration  of  great  importance  from  a  de¬ 
sign  standpoint  is  whether  or  not  the  bow  shock  actually 
impinges  on  the  leading  edge.  Heat  fluxes  up  to  four  times 
the  normal  level  have  been  measured  near  the  impingement 


EFFECT  OF  BOUNDARY  LAYER  INTERACTION 

(U)  The  effect  of  the  splitter  plate  boundary  layer 
is  apparent  on  all  of  the  heat  transfer  measurements  ob¬ 
tained  near  the  model  root.  In  Fig.  3  the  data  from  the 
root  sections  Models  ,  S2,  A  and  B,  and  from  all  of  Model 
C  is  presented,  normalized  with  respect  to  the  theoretical 
value  for  the  local  sweep  angle  (not  A0) .  a  data  point 
obtained  at  zero  sweep  during  a  heat  gage  calibration  run 
is  also  included.  The  spanwise  coordinate  y  is  measured 
normal  to  the  wing  root  (Fig.  1).  The  Model  C  data  ex¬ 
hibits  the  usual  low  heat  flux  levels  corresponding  to  a 
separated  region,  followed  by  a  rapid  increase  to  a  peak 
at  the  point  where  the  separated  boundary  layer  attaches 
to  the  leading  edge.  Outboard  of  this  the  heat  flux  decays 
to  the  normal,  undisturbed  level.  The  peak  in  the  case  of 
A  -  66.7  is  nearly  50%  higher  than  the  theoretical  level. 

M^ai°n  the  other  models  is  in  general  agreement  with 
the  Model  C  results,  but  is  insufficient  to  determine  any 
effect  of  varying  sweep  angle  on  the  magnitude  or  location 
of  the  peak  heating  rate.  In  Ref.  10,  however,  data  was 
obtained  over  a  range  of  A  which  while  exhibiting  the  same 
general  characteristics  as  Fig.  3,  also  indicates  that  the 
hfJtlng  decreases  markedly  with  increasing  sweep 

while  the  peak  location  is  hardly  affected.  It  is  probable 
that  in  the  present  case  and  in  Ref.  10  the  splitter  plate 
boundary  layer  was  laminar.  Reference  27  indicates  that  a 
turbulent  boundary  layer  would  be  much  less  likely  to 
separate,  particularly  at  low  sweep  angles,  and  that  the 
peak  heat  flux  levels  on  the  leading  edge  would  be  substantial: 
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lower  than  for  a  laminar  layer  and  occur  closer  to  the  root. 
Thus  while  it  is  not  presently  possible  to  predict  the  magni¬ 
tude  or  level  of  the  peak  heat  fluxes,  the  problem  can  be 
minimized  by  ensuring  that  the  wing  is  located  where  the 
body  boundary  layer  is  turbulent.  It  may  also  be  assumed 
that  the  peak  will  occur  within  the  region  0  <  y/r  <  10. 


EFFECT  OF  VORTEX  IMPINGEMENT 

(U)  Investigations  of  the  effect  of  free  stream 
vorticity  on  heat  transfer  have  shown  that,  with  proper 
orientation,  the  vortex  filaments  can  be  stretched  and  their 
effects  amplified  by  a  boundary  layer,  and  severe  local 
heating  result  (Ref.  24,25).  In  the  case  of  the  vortex  shed 
from  the  tip  of  a  stub  antenna  or  canard  inclined  to  the 
local  flow,  the  orientation  is  not  such  as  should  result  in 
increased  heating,  but  it  may  significantly  alter  the  local 
flow  field.  Normally  the  spacing  between  canard  and  wing 
would  be  such  that  the  vorticity  would  be  concentrated  in 
the  trailing  vortex  shed  from  the  canard  tip. 

(U)  The  test  configuration  appears  in  Fig.  1.  Data 
was  obtained  at  vortex  generator  pitch  angles  (<J>)  of  5  and 
10  deg. ,  thus  ensuring  the  flow  did  not  separate  from  the 
leeward  surface.  The  corresponding  vortex  strengths  (F)  as 
computed  from  Ref.  28  are  26.5  and  53.0  ft2/sec.  The  span- 
wise  location  of  the  vortex  impingement  on  the  Model  C 
leading  edge  was  computed  (Ref.  28)  to  be  2.27  ins.  (y/r  = 
18.2  or  s/r  =  46).  The  diameter  of  the  completely  rolled  up 
vortex  core  was  estimated  as  0.75  ins.  For  low  aspect  wings 
the  vortex  sheet  is  essentially  rolled  up  into  two  concen¬ 
trated  cores  within  a  few  chord  lengths  (c)  of  the  trailing 
edge.  For  the  Mach  numbers  of  the  present  test  the  average 
distances  were  i/c  =8.4  for  <p  =  5  deg.?  i/c  =  4.4  for  <J>  = 

10  deg.  (Ref.  28).  Since  for  the  impingement  point  i/c  = 

5.24,  it  is  concluded  that  for  <p  =  5  deg.  the  vortex  was 
not  completely  rolled  up  when  it  impinged  on  the  leading 
edge. 

(U)  The  heat  transfer  data  appears  in  Fig.  8,  normalized 
in  the  usual  way.  The  displacement  of  the  generator  axis 
from  the  model  plane  (z)  has  been  normalized  with  respect 
to  the  generator  chord  (c) .  The  first  two  settings  are 
those  corresponding  to  impingement.  For  z/c  of  0.238 
the  core  axis  was  significantly  above  the  plane  of  the 
leading  edge.  The  location  of  the  vortex  impingement  point 
is  at  s/r  =  46.  Inboard  of  this  point  the  leading  edge  lies 
within  the  generator  wake,  resulting  in  wide  variations  in 
heat  transfer  (and  pressure)_.  However  the  very  pronounced 
and  localized  reduction  in  h  at  the  impingement  point  can  be 
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discerned,  especially  for  <p  =  10°.  This  effect  decays  rapidly 
beyond  the  limits  of  the  core  (40  <  s/r  <  52) . 

(U)  The  variation  of  the  heat  transfer  coefficient  with 
vortex  strength  appears  in  Fig.  9.  The  measured  values  are 
those  recorded  at  Station  5,  and  have  been  normalized  with 
respect  to  the  experimental  level  with  no  vortex  present. 

Also  shown  is  the  local  Reynolds  number  under  the  vortex, 

Rew,  defined  as  pwU£s/yw,  and  likewise  normalized  to  the 
undisturbed  free  stream  value.  Since,  in  the  above  definition, 
s,  Tw  and  hence  pw  are  constant  and  independent  of  the  local 
free  stream  conditions,  Rew/ (Rew) f  =  q  is  simply  pw/pw  r  =  0 
times  the  local  velocity  ratio.  In  this  treatment  the  latter 
is  assumed  equal  to  one,  so  the  Reynolds  number  ratio  is  also 
the  normalized  pressure  for  the  different  vortex  strengths. 

(U)  Using  the  linear  fit  to  the  Reynolds  number  data, 
it  is  shown  in  Fig.  9  that  a  Reynolds  type  analogy  may  be 
used  to  predict  the  heat  transfer  reduction  due  to  vorticity. 
Agreement  between  the  square  root  curve  and  the  heat  transfer 
data  is  good.  Beyond  this  there  is  little  that  can  be  said 
as  far  as  predicting  the  effects  of  vortex  impingement.  The 
effect  of  varying  the  streamwise  distance  1/ c,  for  example 
cannot  be  determined  from  the  present  data,  nor  can  possible 
effects  of  sweep  angle  and  free  stream  conditions  be  found. 

(U)  From  a  practical  standpoint  vortex  impingement 
offers  a  design  problem  only  insofar  as  the  large  heat  flux 
gradient  may  induce  thermal  stresses  in  the  leading  edge 
structure.  The  inboard  wake  effects  in  general  do  not  pro¬ 
duce  heating  rates  higher  than  those  measured  in  the  absence 
of  the  generator.  There  may  be  important  effects,  however, 
on  the  aerodynamic  performance  of  the  wing. 


CONCLUSIONS 


(U)  In  general  it  must  be  said  that  the  results  ob¬ 
tained  during  the  present  program,  even  when  combined  with 
data  published  previously  in  the  literature,  do  not  com¬ 
pletely  define  the  magnitude  of  the  changes  in  leading  edge 
heat  transfer  which  may  be  brought  about  by  the  various 
phenomena  treated  herein.  It  is  possible  to  confirm 
whether  or  not  unacceptably  high  deviations  from  the  theo¬ 
retical  heat  flux  levels  may  occur  and,  in  some  cases,  to 
suggest  steps  appropriate  to  minimizing  these  effects  during 
the  design  of  a  high  speed  missile  or  aircraft.  None  of  the 
various  effects  investigated  -  finite  span,  nonuniform  sveep, 
wing/body  and  boundary  layer  interactions  and  vortex  im¬ 
pingement  -  can  be  treated  analytically  at  present.  The 
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alternate  approach  is  to  experimentally  determine  the  effects 
of  varying  the  free  stream  conditions  and  such  geometrical 
parameters  as  sweep,  planform  radius  of  curvature,  etc.  in 
an  effort  to  develop  semi-empirical  methods  for  predicting 
the  size  and  extent  of  the  changes  produced  by  each  of  the 
different  phenomena.  This  indeed  should  be  done.  Free 
stream  conditions,  especially  Mach  number,  were  almost  con¬ 
stant  during  this  program,  as  was  the  basic  sweep  angle  on 
the  outboard  leading  edge.  Extension  of  the  data  to  both 
higher  and  lower  Mach  and  Reynolds  numbers,  for  larger  and 
smaller  sweep  angles  and  different  combinations  of  chord- 
wise  and  planform  radii  of  curvature  is  recommended. 
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Figure  4.  Outboard  heat  transfer  distribution  on  stagnation 
line  of  nonuniformly  swept  leading  edge 
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and  J.  M.  Cameron 
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Silver  Spring,  Md.  20910 


ABSTRACT.  (U)  The  effects  of  mass  addition  on  static  tem¬ 
peratures  in  a  two-dimensional  laminar  near  wake  have  been 
investigated  in  an  arc-tunnel  setup  using  infrared  spectroscopy. 

Both  ablating  models  and  models  with  base  injection  of  reacting  and 
non-reacting  gases  have  been  used.  Arc  test  conditions  of  200  psia 
STfr/  i900  Btu/lbm  enthalpy  resulted  in  flow  environments  of 
ft/sec  velocity,  5500  R  stagnation  temperature  and  8500  for 
eynolds  number  referred  to  model  base  height.  The  wake  flows  were 
mined  with  a  duplex-scanning  infrared  spectrometer  using  spatial 
and  wavelength  scanning  modes;  measurements  were  taken  at  5  vertical 
wake  locations  of  y/h  =  0  to  0.5  over  the  4  -  wavelength  range 

Axial  locations  of  x/h  =  1  and  4  were  used.  Static  temperature  ' 

in  d^ermi"ed  from  shifts  in  the  P-  and  R-branches  of  the 

NO  band  at  5.35u;  checks  on  these  values  were  made  using  other 

molecular  species.  Thus,  the  results  obtained  in  the  1200-2400°R  range 
rom  rotational-vibrational  molecular  data,  are  accurate  with  an 
error  of  less  than  ±  70  R  and  are  in  agreement  with  conventional 
determinations  based  on  translational  kineti'  temperatures. 


*  This  work  supported  by  the  Naval  Ordnance 
of  the  Navy  under  Contract  NOw  62-0604-c. 
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INTRODUCTION 


(U)  It  is  well  known  that  wakes  occur  behind  an  object  moving 
in  a  fluid  medium  and  have  characteristics  that  result  from  the 
manner  of  dissipation  of  the  kinetic  energy  lost  by  the  body  from 
drag  mechanisms.  For  re-entry  vehicles  in  the  earth's  atmosphere, 
these  wakes  or  trails  can  extend  for  distances  of  up  to  hundreds  and 
thousands  of  body  diameters.  High  temperature  and  high  velocity 
wakes  have  been  of  especial  significance  in  the  past  few  years  due 
to  the  Department  of  Defense's  interest  in  the  detection,  tracking 
and  discrimination  problems  associated  with  re-entry  vehicles.  In 
respect  to  detection  and  tracking,  the  altitude  regime  of  100,000 
to  150,000  ft  is  important  due  to  the  onset  of  significant  ablation 
and  the  characteristic  state  of  the  wake  flow.  The  essential  problem 
in  discrimination  concerns  the  determination  of  the  weight  of  the  body 
and  this  can  be  related  to  the  kinetic  energy  loss  by  means  of  wake 
temperatures.  Analyses  of  the  infrared  radiation  from  common  molecular 
species  can  furnish  the  wake  temperature  information. 

(U)  Various  phenomena  associated  with  "clean  air"  wakes  behind 
high-speed  objects  have  been  extensively  investigated;  the  efforts 
expended  have  resulted  in  significant  progress  in  many  areas.  A 
number  of  excellent  reviews  exist  which  deal  with  the  various  problem 
areas  of  the  high-velocity  wake  (Refs.  1-5).  However,  the  com¬ 
plexities  of  the  various  problems  involved  have  precluded  a  thorough 
examination  of  one  of  the  areas  of  significant  practical  interest, 
i.e.,  wakes  with  mass  addition.  With  any  high-velocity,  slender  re¬ 
entry  vehicle,  heat  fluxes  in  the  nose  region  become  extremely  high 
and  the  necessary  thermal  protection  must  include  either  controlled 
injection  by  transpirat ion-type  modes  or  self-regulated  injection  by 
ablative  mechanisms.  This  mass,  added  to  the  boundary  layer,  causes 
changes  in  the  thermal,  chemical  and  flow-field  characteristics  of  the 
entire  wake.  The  effects  caused  by  mass  addition  can  be  order  of 
magnitude  in  level  when  concerning  the  wake  observables  and  thus  affect 
the  radar  and  optical  signatures.  On  a  practical  basis,  normal  mass 
transfer  in  the  wake,  for  either  wake  enhancement  or  suppression, 
affects  the  heat  shield  material,  body  design,  penetration  aids 
requirements,  and  the  sophistication  of  the  radar  and  optical  systems. 
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EXPERIMENTAL  SETUP  &  TEST  CONDITIONS 
MACH  6  ARC- TUNNEL 

u.»r2V«»^ 

irsr'rj  ?lt~  r «. 

a  schemat Ic^oi^the  T^LlTs  ‘  X  £  “T""?*  ^  ^ 

compressed,  dried  and  stored  in  tanks  at  2000  n  ""*•  °Perati°n  is 
blowdown  operation  is  used  during  the  tests  7  ^  ^ 

nozzle!*  The  ^rc- heater  ton^T " fthr°J8h  3  Standard  ASM^nt^reT 
Pressure  (Iuc"ic*tv  fW,-  'hi?k;w-l11?d  chrome-copper 

Heated  air  from  the  arc  uni r  n  ln[^  Wlth  sPlit-ring  type  electrodes, 
section  and  Mritf”  JJH”  ‘  v"*  4\“" 

In  order  to  provide  a  parallel  fl™  V  J >  water-co°led  nozzle, 
nozzle  was  designed  for  the  test  c^nd  t  the  Mach  6 

Of  Characteristics  comouHno  n  condltl°ns  usln8  a  real-gas,  method 
(Ref.  8).  The  nozzle  has  3^4  boundary  layer  corrections 

of  approximately*^  Inches  The  test  "T"  “Uh  a"  inviscid 

in  which  the  model  and  wake  are  observed  is  ^  "°ZZle' 

pletely  enclosed  An  aft  H.ff  ’  ls  8  ir>  length  and  com- 

the  air-stri^r  jector  e^^st  :stermnaeCt:dit0  ^  teSt  SeCti°"  a"d 

pressure  level  at  0  1  a  •  a  ’  maintains  the  test  section 
establish  i  t,  crnttit  lL  ?  tl,C  teSU  and  aids 
tests  has  been  40-?"s“onds  1  ,!  1“”’'  The  total  len*th  °f  the 

durability,  power  requirements  •  a  functlon  of  expected  equipment 
water  r.,  1  alr  flou  rate’  high-pressure  cooling 

vacuum  sys  em  A  i  “Sts  are  !°nS™Ptl°"  the  2'Sta®a 

^rasBciSSSSgSKS! 

...  fU)  The  lnstrumentat ion  used  during  the  tests  inr1„a0a  < 
addition  to  that  normally  employed  by  the  arc-units  a  mu  1  n  ’  t,"  , 

magnetic-tape  data  rppnr/Uno  7 t  y  ,  arc  uniCs>  a  multi-channel , 

»nd  dcl.thl  ‘  t  recorders  ®f  °SdlU°8"">h  ■ 

for  the  low  pressure  Lesureme"ts  and  CEO  t  ansd"'’  'f8  USed 
conditions  and  above.  C  transducers  for  atmospheric 
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INFRARED  SPECTROMETER 

(U)  In  order  to  obtain  non-interference  static  temperature 
measurements  in  the  gas  flow  fields,  as  well  as  information  on  the 
molecular  species  present,  a  duplex  scanning  infrared  spectrometer 
was  utilized  in  the  current  test  series.  This  instrument  was 

and  d'Vel°Eed  sPecifically  *°r  rugged  use  in  emission  and 
absorption  worR  in  high  temperature  arc-jet  and  rocket  tunnels 
tKets.  9,10).  A  complete  description  of  the  spectrometer,  its 
operating  principles,  and  typical  data  obtained  under  such  conditions 
are  given  in  Refs.  9,  10  and  11.  ’ 

pi  Briefly  summarizing,  the  spectrometer  consists  of  a  Perkin- 

mer  Model  83  Universal  Monochromator  modified  in  a  number  of  ways 
including  high-speed  reversible  scanning  in  both  wavelength  and 
geometric  modes,  and  mechanical-optical  synchronization  in  the  mon- 
itormg  and  recording  systems.  A  schematic  of  the  set-up  is  shown 
in  Fig.  3.  The  spectrometer  is  mounted  on  a  heavy  adjustable  carriage 
o  insure  stability  during  the  measurements;  observations  of  the  flow 
are  made  through  a  CaF2  window  in  the  test  section.  The  light  path  in 
te  spectrometer  is  flushed  continuously  with  super-dry  nitrogen  to 
minimize  atmospheric  absorption  effects.  The  schematic  in  Fig.  3 
show’s  some  of  the  plane,  elliptical  and  parabolic  mirrors  which  are 
used  to  direct  the  light  beam  internally.  A  synchronous  cam-driven 
mirror  changes  the  focal  position  in  the  wake  in  conjunction  with  the 
wavelength  and  spectrometr ic  slits.  A  CaF?  prism  disperses  the  in¬ 
coming  light  and  a  cam-driven  rotating  Litfrow  mirror  sweeps  the 
spectrum  over  a  liquid  nitrogen  cooled  PbSe  detector.  The  high 
impedance  detector  is  matched  to  a  low  impedance  line  with  a  field 
effect  transistor  amplifier  of  unity  gain.  Remote  recording  of  the 
spectra  is  accomplished  with  a  cathode  ray  tube,  a  35  mm  strip  film 
camera,  and,  for  quid’  post-run  analyses,  a  CEC  oscillograph  is 
used.  The  spectra  are  also  visually  monitored  on  a  21"  scope  during 

t  e  tests.  All  operations  are  programmed  by  the  facility  sequencer 
control  system. 

.  ?h*  IR  measurements  w^e  taken  in  the  free  stream  and  in  the 

wake  behind  the  model  both  with  and  without  mass  addition.  Two  axial 
positions  were  investigated  in  the  present  test  series:  at  x/h  =  1 
and  x/h  -  4.  In  the  first  mass  addition  test  series  (Ref.  12)  the 
spectrometer  slit  was  oriented  perpendicular  to  the  wake  flow  and 
focused  on  the  center  line.  Scanning  was  done  only  in  wavelength 
(2  -  bn  in  0.85  seconds).  In  the  present  test  series,  the  4  -  6u 
wavelength  region  was  selected  for  a  more  rapid  scan  rate  and  because 
1  significant  radiating  air  molecules  are  in  this  range 
(03 ,  @  A.25M;  CO  @  4.67^;  and  NO  Q  5.35u).  The  flow  was  scanned  in 
.  *  17  Sec  aJ.each  of  five  vertical  positions  in  the  flow  field  from 
e  center  line  outward  (Fig.  4).  Continual  scanning  was  carried  out 
n  the  tests  so  that  up  to  80  frames  of  spectral  data  were  obtained 
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over  the  chosen  wavelength  range.  The  present  wake  gradient  tests 
utilized  the  spectrometer  slit  oriented  parallel  to  the  flow.  An 
oscillating  mirror  was  tilted  in  steps  of  0.0086"  with  a  rotating 
sector-stepped  cam  "o  that  measurements  were  made  in  the  wake  at 
~  0.060"  intervals  from  the  center  line.  A  traversing  mechanism,  with 
a  microscope  mounted  on  a  rectilinear  stage,  was  used  to  check  the 
location  of  the  optical  axis  for  each  observation  position.  A  Nernst 
glower  was  also  used  to  determine  values  of  the  focal  volumes.  The 
gas  volume  in  focus  in  the  center  of  the  flow  field  was  a  parallelo- 
piped  of  0.060"  x  0.50"  x  1.0"  dimensions.  The  0.060"  is  the  dim¬ 
ension  in  the  y-plane  and  corresponds  to  the  slit  opening  at  5 . 3p. ; 
the  0.50"  is  in  the  x-plane  and  corresponds  to  the  length  of  the  slit 
and  the  1.0"  refers  to  the  depth  of  focus  in  the  z-plane.  The  size  of 
the  focal  volume  was  generally  quite  acceptable;  although  some  problems 
with  the  data  interpretation  have  been  encountered  at  the  x/h  =  1 
location  where  different  flow  fields  are  present  in  a  small  space. 

The  difficulties  in  interpretation  arise  in  this  situation  because  the 
spectroscopic  measurements  tend  to  give  the  highest  temperature  present 
in  the  focal  volume.  Quite  obviously,  a  change  in  the  internal  optics 
in  the  spectrometer,  which  involves  a  change  in  the  magnification, 
could  aid  in  obtaining  a  reduced  focal  volume. 

(U)  Temperature  levels  in  the  flow  were  determined  from  measure¬ 
ments  of  the  shifts  in  the  P-  and  R-branches  of  the  NO  band  (5.35|j). 
Checks  on  the  levels  were  also  made  using  the  C0„  (4.25;j)  and 
CO  (4.67(j)  spectra.  Unger  (Ref.  11)  discusses  tne  theory  and  shows 
the  relatively  simple  relationships  existing  between  the  temperature 
and  the  rotational  line  of  maximum  intensity: 

tno  =  °'1055  (iv)2 

Tc0  =  °-0931  (Gv)2 

The  measurements  were  analyzed  by  magnification  (20  x)  and  projection 
of  the  film  strips  using  theoretically  determined  overlays  for 
temperature  level  analyses.  The  general  techniques  are  discussed  by 
Unger  (Ref.  11)  and  he  shows  typical  spectra  and  comparisons  of 
temperature  determinations  from  absorption  spectra  of  a  number  of 
diatomic  molecules. 

MODELS 

(U)  The  models  were  all  slender  wedges,  completely  spanning 
the  5.4"  jet,  and  were  held  by  adjustable  trunnion  mountings  and  a 
heavy  metal  yoke.  Two-dimensional  models  were  chosen  to  avoid  model 
support  effects  on  the  wake.  The  models  were  injected  quickly  into 
the  stream  (0.50"  downstream  of  the  nozzle)  by  use  of  a  hydraulic 
system  in  the  test  cabin;  after  a  pre-determined  exposure  time  to  the 
flow,  the  models  were  retracted.  Sufficient  run  time  was  allowed  for 
thermal  stabilization  before  the  model  was  injected  for  wake  measure- 
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ments  . 


(U)  The  wedge  models  had  0.50”  base  heights,  0.040"  nose  radii, 
wedge  half  angles  of  6  ,  and  overall  lengths  of  approximately  2.0". 
The  ablating  materials  used  were  phenolic-silica  (Fiberite  MX-2625), 
ATJ  grade  graphite,  and  standard  stock  Teflon.  The  base  injection 
models  (Fig.  5)  were  constructed  of  Amsulf  copper  and  were  highly 
water-cooled;  on  the  base  of  the  models  was  a  1/4"  x  5"  strip  of 
2Qj  sintered  porous  copper  (1/16"  thick)  as  the  injection  media. 

Bench  tests  and  preliminary  analytical  work  by  Wagner  and  Cameron 
(Ref.  13)  showed  this  material  to.have  a  porosity  of  41%  and  a 
permeability  in  the  order  of  10_il  to  l(f12  ft2.  The  injection 
velocities  were  believed  to  be  uniform  due  to  the  high  ratio  of  the 
effective  distance  to  the  square  root  of  the  permeability  (Ref.  13); 
tests  at  low  base  pressure  ratios  confirmed  this .  However,  high  base 
pressure  ratio  data  were  not  available  and  due  to  the  uncertainties 
in  the  permeability  at  our  test  conditions,  a  precise  value  of  exit 
velocity  could  not  be  determined;  but,  it  was  estimated  to  be  high 
subsonic.  Behind  the  porous  strip  was  a  plenum  in  the  base  of  the 
model.  High  purity  grade  bottled  gases,  at  ambient  temperature 
conditions,  were  metered  through  an  orifice  and  into  the  plenum.  The 
gases  used  in  the  basi  injection  studies  were  helium  (He),  nitrogen 
(N2),  carbon  monoxidi  (CO),  and  acetylene  (C,H  ) .  Gas  injection  rates 
were  varied  from  1-1/2  -  3%  of  the  air  flow  rate  based  on  model  base 
dimensions  . 


TEST  CONDITIONS 

(U)  Tables  I  -  III  show  test  conditions,  typical  levels  of  the 
flow  variables,  and  the  range  of  parameters  involved.  Table  I  shows 
the  arc  unit  data  and  general  test  conditions  for  the  ablator  and 
base  injection  tests.  Typical  results  are  shown  since  data  from  a 
number  of  the  tests  are  still  being  evaluated'.  The  test  conditions 
were  somewhat  similar  to  those  used  in  earlier  mass  addition  experi¬ 
ments  (Ref.  12). 

(U)  Typical  values  of  the  flow  and  heat  transfer  parameters  are 
shown  in  Table  II.  Most  of  these  values  were  calculated  from  the 
basic  measured  arc-unit  inputs  (of  Table  I)  using  conventional  energy, 
momentum,  continuity  and  state  equations  with  real  gas  properties 
based  on  JANAF  thermochemical  data  (Ref.  14).  In  general,  the  cal¬ 
culated  values  shown  are  based  on  assumptions  of  chemica l’equi 1 ibr ium 
to  the  nozzle  throat,  freezing  downstream  of  the  throat  to  the  wedge 
shock,  equilibrium  conditions  behind  the  normal  portion  of  the  shock, 
and  frozen  flow  over  the  face  of  the  body  (Ref.  15).  Some  pre¬ 
liminary  non-equilibrium  calculations  by  Perini  (Ref.  16)  also  indicate 
frozen  flow  conditions  exist  over  the  sides  of  the  model.  For  com¬ 
parison  purposes,  and  to  obtain  the  limiting  bounds  on  the  parameters, 
calculations  were  also  carried  out  assuming  complete  equilibrium, 
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(E)  -  In  Table  II,  or  a  completely  frozen  (F)  state  at  all  the  flow 
points.  The  (E-F)  values  are  for  the  most  physically  realistic 
combination  of  equilibrium  and  frozen  flows  described  previously. 

All  flow  calculations  were  carried  out  on  the  IBM  7094  computing 
machine. 

(U)  Table  III  shows  the  range  of  the  variables  encountered  in 
this  test  series ;  the  results  are  divided  into  two  sections  based  on 
arc-unit  setup  conditions.  The  results  show  good  reproducibility  and 
a  low  level  of  variation  between  the  tests. 


EXPERIMENTAL  RESULTS  &  DISCUSSION 

(U)  With  the  previously  noted  stable  and  reproducible  arc- 
tunnel  flow  conditions  as  a  base,  investigations  were  carried  out  on 
the  free  stream  and  wake.  Usually  15  -  30  measurements  were  taken  in 
the  free  stream  and  4  -  5  at  each  vertical  location  in  both  the  wake 
flows.  With  the  high  temperature  ablators  (ATJ  graphite  &  phenolic- 
silica),  8-10  spectral  frames  were  obtained  at  eacli  y/h  location. 
However,  for  Teflon  models,  only  2-3  spectra  per  location  could  be 
obtained  due  to  rapid  nose  blunting  and  erosion.  The  measured  static 
temperatures  were  then  averaged  and  maximum  deviations  of  ±  70°R  were 
found  over  a  1100  -  2400  R  range  of  free  stream  and  wake  values; 
generally,  the  deviation  was  less  than  half  the  maximum. 

(U)  In  respect  to  the  free  stream,  spectroscopic  observations 
confirmed  the  frozen  nature  and  level  of  the  flow.  Observed  amplitudes 
of  the  NO  and  CC^  we**e  consistent  considering  the  species  concentrations 
and  radiative  properties.  While  the  CO  concentration  was  always  finite 
in  the  free  stream  and  wake,  little  or  no  radiation  at  4.67^1  was 
observed  in  these  flows;  at  equivalent  concentrations,  its  radiating 
intensities  are  two  orders  of  magnitude  below  CO  .  However,  with  the 
ablators  and  base  injection  studies,  CO  was  observed  in  the  wake  and 
temperatures  were  determined  from  it.  Tables  IV  and  V  show  comparisons 
between  measured  and  calculated  values  of  both  free  stream  static 
temperatures  and  also  model  stagnation  pressures.  Calculated  limiting 
values  (for  the  all  equilibrium  or  all  frozen  stream)  are  also  given. 
Values  of  the  free  stream  temperature  were  frequently  determined  both 
before  and  after  the  mass  addition  experiments.  As  can  be  seen  from 
TablelV,  the  variation  in  the  free  stream  temperature  with  time  was 
not  large.  The  results  also  agree  with  prior  test  data  (Ref.  12)  where 
the  data  were  taken  and  analyzed  in  a  slightly  different  manner. 

(U)  It  is  well  known  that  most  arc  units  have  some  contamination 
in  the  stream.  The  Mach  6  arc  unit  had  copper  and  boron  nitride  from 
the  electrode  and  insulator  decomposition.  A  slight  amount  of  water 
vapor  could  also  be  noticed  spectroscopically  at  6. Op  and  may  have 
come  from  either  some  slight  component  seepage  at  the  high  pressure 
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and  temperature  conditions  or  possibly  from  condensed  moisture  in  the 
air  lines  from  the  storage  tank  field.  However,  even  though  the 
amounts  were  small,  there  were  no  problems  in  respect  to  the  tempera¬ 
ture  determinations  since  the  technique  is  essentially  independent  of 
concentration  and  manner  of  production  of  the  species.  The  band 
width,  produced  by  the  rotational  motion,  is  the  significant  character¬ 
istic  and  the  temperature  is  related  to  spectral  profiles  of  the 
rotational  level  population  (Ref.  11).  Preliminary  calculations  by 
Wagner  (Ref.  17)  showed  little  effects  of  the  contaminants  on  the  CO 
and  NO  concentrations  and  this  was  also  noted  spectroscopically 
from  test  to  tes.t  observations.  A  by-product  of  this,  though,  has 
been  the  intermittent  appearance  of  an  unidentified  species  in  the 
wake  flows  at  <—  5.0|j;  the  specie  must  be  formed  at  the  particular 
environment  existing  in  the  model  stagnation  region,  or  it  has  an 
extremely  short  radiative  lifetime,  since  it  is  only  seen  in  the  wakes. 
The  band  or  branch  at  ~  5.0^  also,  apparently,  has  its  P-branch  over¬ 
lapping  the  R-branch  of  the  NO  band.  Comparisons  with  other  spectral 
measurements  and  repeated  efforts  to  identify  this  radiating  compound 
have  not  been  successful.  Both  BO  (1861  and  1915  cm*1)  and 
CN  (2042  cm"l)  are  the  most  likely  possibilities;  although  neither  has 
the  correct  center  (1997  cm-1)  and  the  latter  can  be  possibly 
eliminated  due  to  an  insufficient  concentration  under  these  conditions. 

(U)  For  the  wake-type  flows,  pictures  of  both  the  clean  air  wake, 
and  that  with  3%  nitrogen  added  from  the  base,  are  shown  in  Figs.  7 
and  8.  Figure  9  shows  a  highly  luminous  Teflon  wake.  The  spectrometer 
viewing  port  can  be  seen  in  the  background.  The  differences  in  the 
base  recirculation  zone  and  shock  waves  can  be  seen  (Ref.  18). 

Figures  10  -  12  show  wake  static  temperature  results  at  the  x/h  =  L 
axial  position  with  1-1/2  and  3%  N  and  1-1/2%  CO  base  injection.  The 
gas  temperature  at  the  model  stagnation  point  (total)  is  used  as  a 
convenient  non-dimensionaliz ing  factor;  from  Table  III,  the  values  of 
TstAG  are  seen  be  5500  -  5800°R.  All  wake  test  results  are  cold 
wall  (TWali/tSTAG  ^  ^.1  "  0-2)  with  the  exception  of  the  ablators. 

For  the  wake  without  injection,  the  results  differ  from  Muntz  and 
Softley  (Ref.  19)  in  level  by  almost  a  factor  of  two  and  show  agree¬ 
ment  with  Batt  and  Kubota  (Refs.  20,21)  to  approximately  25%.  The 
general  trends  in  the  gradient,  to  y/h  =“  0.25  also  show  agreement. 

In  Fig.  13,  a  plot  is  given  of  the  data  of  Batt  and  Kubo.a  at 
x/h  =  1  and  1-1/2  using  static  enthalpy  ratios;  assuming  constant 
specific  heats  these  could  be  converted  to  stagnation  temperature- 
type  plots  by  division  of  the  abscissa  by~8.5.  The  overall 
quantitative  differences  with  Batt  &  Kubota  and  the  qualitative 
differences  at  y/h  >  0.25  may  be  due  to  two  factors.  First,  the 
temperatures  determined  spectroscopically  are  the  maximum  ones 
occurring  in  the  focal  volume;  our  measuring  points  are  shown  on 
Batt  &  Kubota's  data  (Fig.  13).  Further,  at  the  opening  of  the  slit 
at  5.3  u  (NO),  the  edges  of  the  focal  volumes  essentially  touch. 

The  length  of  the  slit  determines  the  fact  that  the  focal  volumes 
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extend  from  x/h  =  0.5  to  x/h  =  1.5.  From  Batt  &  Kubota's  mapping  of 
this  early  region  of  the  near  wake,  it  can  also  be  seen  that  our  focal 
volumes  at  y/h  >  0.25  probably  encompass  a  portion  of  either  the  lip 
and/or  wake  shock  or  the  so-called  "hot  spot"  from  the  boundary  layer 
as  it  moves  downward  and  aft.  The  fact  that  we  are  overlapping  these 
regions  can  be  seen  from  the  apparent  increase  in  NO  concentration  as 
y/h  is  increased.  Initially,  regions  of  the  base  recirculation  zone 
are  covered  by  the  focal  volume.  The  cooler  equilibrium  gas  here  has 
essentially  zero  NO  concentration.  Moving  upward  encompasses  more  of 
the  shear  layer  and  the  regions  behind  the  shocks  and  also  the  boundary 
layer  "hot  spot"  thus  giving  increased  amplitudes. 

(U)  Generally,  in  the  clean  wake,  the  amplitude  of  the  CO,  band 
is  reduced  by  a  factor  of  2-3  compared  to  its  free  stream  value 
while  that  of  the  NO  band  remains  essentially  constant.  This  is  con¬ 
sistent  both  with  conditions  in  the  stagnation  region,  where  cal¬ 
culations  show  dissociation  of  C0_  to  approximately  one-half  its  free 
stream  mass  fraction  and  where  the  NO  is  affected  only  slightly 
(10  -  15%  change)  and  in  respect  to  the  frozen  nature  of  the  flow 
over  the  body  (Ref.  16)  and  in  the  wake.  At  both  x/h  =  1  and  4  in  the 
clean  wake,  the  amplitude  of  the  CO-  band  is  essentially  a  constant 
for  all  y/h  values.  However,  for  the  NO  band,  at  x/h  =  1  there  is, 
as  previously  noted,  a  gradual  increase  in  amplitude  from  the  center 
line  outward.  At  x/h  =  4,  the  amplitude  is  essentially  constant 
across  the  stream. 

(U)  Figures  14  and  15  show  the  clean  wake  at  x/h  =  4  and  mass 
addition  with  both  3%  CO  and  N^  The  clean  wake  levels  are  essential¬ 
ly  the  same  as  at  x/h  =  1,  agreeing  again  with  Batt  &  Kubota  (Ref.  22). 
The  gradient  is  qualitatively  in  agreement  with  Muntz  and  Softley 
(Ref.  19)  and  indirectly  supports  Batt  &  Kubota  (Ref.  21)  concerning 
the  disappearance  of  the  boundary  layer  "hot  spot"  which  has  moved 
ir to  the  wake.  It  can  also  be  noted  that  the  maximum  temperatures 
seen  in  the  wake  at  x/h  =  4  are  consistent  with  the  prior  measure¬ 
ments  of  Ref.  12  where  the  spectrometer  viewed  a  vertical  thin  slice 
of  the  entire  wake  width  at  x/h  values  of  4-1/2  -  5. 

(U)  Figures  10  -  12  and  14  -  15  also  show  the  effects  of  base 
injection  on  the  near  wake  temperature  profiles  at  x/h  =  1  and  4, 
respectively.  Injection  occurs  from  the  base  over  the  region  y/h  *  ±  .25 
and  the  results  at  x/h  =  1  qualitatively  confirm  a  high  injection 
velocity  (Ref.  24).  The  l-l/27»  CO  temperature  data  at  x/h  =  1  were 
somewhat  surprising  in  comparison  with  the  1-1/2  and  3%  N-  results; 
considering  the  residence  time  and  the  molecular  weights  of  the  two 
gases,  it  was  expected  that  the  results  would  be  similar.  Consider¬ 
able  noise  was  present  in  the  spectra  in  this  early  CO  test  but  the 
data  appeared  consistent.  The  results  showed  the  CO  band  amplitule 
to  be  high  for  the  first  two  y/h  positions  and  then  decrease  to 
almost  zero  at  y/h  *  .5.  The  CO.  amplitude  was  low  at  the  center 
line  and  gradually  increased  to  its  normal  wake  level  at  y/h  =  0.5; 
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the  NO  band  had  the  same  trend  but  not  so  pronounced.  With  the  1-1/2 
and  37,  N„  injection,  similar  effects  were  noted  for  the  CO2  and  NO. 

At  x/h  =  4,  nitrogen  injection  (3%)  effects  still  persist  while  some 
slight  oxidation  has  occurred  with  the  carbon  monoxide.  Figures  16 
&  17  summarize  the  temperature  as  compared  to  the  local  value  in  the 
wake.  The  results  show  that  up  to  15  -  30%  reductions  are  possible 
at  x/h  =  1  for  these  small  flow  rates  and  approximately  107,  at 
x/h  =  4 . 

(U)  For  the  ablators,  heat  transfer  levels  to  the  stagnation 
region  of  the  models  was  not  high  (typical  of  the  higher  altitude 
environments simu lated )  and  thus,  where  onset  of  ablation  occurs, 
significant  mass  losses  to  effect  wake  cooling  were  not  present. 
However,  some  qualitative  aspects  of  the  tests  were  interesting. 

Figure  18  shows  a  comparison  between  a  Teflon  wake  at  x/h  =  1  and 
those  from  non-ablating  bodies.  As  can  be  seen,  both  the  temperature 
levels  and  gradients  are  the  same  even  though  mass  addition  occurs  in 
the  stagnation  region  of  the  Teflon  body.  Further,  the  temperature 
levels  of  the  surfaces  of  the  two  model  types  are  not  too  different 
and  the  mass  loss  rate  from  the  Teflon  is  of  a  comparable  level  to 
that  used  in  the  base  injection  studies.  It  can  be  concluded  that, 
at  x/h  =  1,  the  effectiveness  of  the  stagnation  region  is  quite  low 
in  respect  to  wake  static  temperature  changes  as  compared  to  base 
injection . 

(U)  Figure  19  shows  the  wake  temperatures  from  three  types  of 
ablating  bodies,  compared  to  a  non-ablating  one,  at  the  x/h  =  4  axial 
location.  Some  caution  must  be  exercised  in  using  the  center-line 
data  for  Teflon.  It  consists  of  only  one  data  point;  two  others  were 
lost  due  to  the  unexpected  amplification  (off-scale)  of  the  NO  band 
in  this  region.  The  Teflon  results  imply  also  tiiat  little  changes 
have  occurred  except  perhaps  that  the  additional  residence  time  at  the 
lower  center  line  velocities  have  allowed  for  the  endothermic  dis¬ 
sociation  and  resultant  oxidation  mechanisms  to  occur.  Heicklen 
(Ref.  23)  and  Cresswell  (Ref.  25)  discuss  the  problems  in  the 
chemistry  of  £>2^1+  oxidation. 

(U)  For  the  high  surface  temperature  (3000  -  4G00°R)  graphitic- 
type  ablators,  ATJ  graphite  and  phenolic-silica,  the  mass  loss  rate 
is  comparatively  small  and  the  effects  noted  in  the  wake  could  be 
due  almost  entirely  to  surface  temperature.  Muntz  (Ref.  19)  has 
pointed  out  the  almost  linear  increase  as  a  function  of  surface 
temperature  at  the  lower  T^/T  conditions.  The  present  results 
tend  to  show  this.  However  witn  all  the  ablators,  and  especially 
these  latter  two,  there  were  significant  changes  in  the  amplitudes 
of  the  spectra.  Figures  20  to  22  show  this  as  a  function  of  the 
ratio  of  the  species  to  the  value  existing  in  the  cold  wall  wake. 


482 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

Figure  23  shows  the  typical  spectra  from  the  phenolic-silica  tests  at 
x/h  =  4. 

(U)  During  the  tests,  some  blunting  of  the  ablator  models 
occurred;  the  nose  radius  for  Teflon  went  from  0.035  to  0.050;  phenolic- 
silica  had  the  most  significant  changes,  from  .040  to  .080  (due  to  the 
typical  solidification  of  the  molten  glass);  and  no  change  occurred 
with  the  graphite  models.  No  changes  in  wake  temperatures  were  noted 
for  either  the  Teflon  or  phenolic-silica  cases  as  a  function  of  nose 
radius.  The  amplitudes  of  both  the  NO  and  CO  increased  with  time  for 
both  the  ATJ  and  phenolic-silica  models.  Little  effect  on  wake 
temperature,  due  to  the  transient  heating  of  the  graphite,  could  be 
seen.  On  all  ablation  tests,  base  heating  was  very  low  and  with  the 
phenolic-silica  and  ATJ  models  only  a  slight  change  in  base  material 
conditions  could  be  noted. 

(U)  In  conclusion,  the  results  show  that  the  use  of  infrared 
spectroscopy  for  static  temperature  determinations  in  high  temperature 
and  velocity  flows  is  not  only  advantageous  from  a  non-interference 
viewpoint  in  a  chemically  reacting  flow,  but  also  is  useful  in  obtain¬ 
ing  information  concerning  radiating  species  and  relative  concen¬ 
tration  changes.  The  IR  measurements  may  be  made  utilizing  any  of  the 
bands  of  the  nonhomopolar  molecules  (NO,  CO,  CO2)  in  air  but  the  NO 
band  has  particular  advantages  due  to  its  concentration-radiation 
characteristics  and  to  the  clear-cut  separation  of  its  branches. 
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(U)  TABLE 

1.  Test  Conditions 

Test 

No. 

P 

t 

(arc) 

(psia) 

H« 

(arc) 

(Btu/lbm) 

w 

a 

(lbm/sec ) 

Total 

Test 

Time 
(sec ) 

Power 

(MK) 

!  Current 

j 

(amps ) 

Model 

Type 

51 

286 

1850 

0.723 

31 

7.9 

13,700 

ABL 

-  TEF. 

52 

294 

1950 

.728 

50 

7.4 

13,800 

BI  - 

N 

53 

291 

1890 

.730 

45 

7.4 

13,800 

BI  - 

■! 

54 

288 

1840 

.730 

45 

7.2 

13,700 

BI  - 

CO 

55 

292 

1820 

.743 

45 

7.5 

14,000 

BI  - 

He 

56 

292 

1830 

| 

.741 

45 

7.6 

13,800 

BI  - 

C2H2 

57 

290 

1870 

.731 

35 

7.1 

14,100 

BI  - 

N2 

58 

310 

2010 

j 

1 

J 

! 

0.759 

47 

7.4 

11,200 

BI  - 

N2 

59 

318 

2070 

! 

.768 

52 

7.9 

12,400 

BI  - 

N2 

60  j 

314 

2040 

i 

.765 

52 

7.3 

11,600 

BI  - 

N 

61 

315 

2030 

i 

.767 

52 

7.8 

12,400 

BI  - 

4 

CO 

62 

298 

2050 

1 

1 

.725 

52 

7.2 

1 

12,000 

BI  - 

CO 

63 

294 

1950 

j 

.728 

52 

7.7 

12,600 

BI  - 

CO 

64 

1 

300 

2060 

i 

.726 

52 

7.5 

| 

i 

12,500 

BI  - 

N 

65 

297 

2020 

.725 

52 

7.5 

I 

12,500 

BI  - 

"a 

66 

311 

2070 

.753 

53 

7.7 

i 

j 

11,600 

ABL  - 

P-S 

67 

308 

2070 

.746 

54 

8.0 

12,200 

ABL  - 

ATJ 

68 

318 

2110 

.764 

53 

8.1 

12,500 

ABL  - 

P-S 

70 

315 

2070 

.761 

52 

8.1 

i 

12,400 

ABL  - 

ATJ 

71 

316 

2080 

.762 

35 

8.1 

12,400 

ABL  - 

TEF. 

i 


BI  -  base  injection 
ABL  -  ablator 
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TABLE  III .  Range 

of  Variables  in  Arc-Tunnel  Near  Wake  Tests 

— 

Test  Series 

I 

(Runs  50-57) 

Test  Series 

II 

(Runs  58-71) 

p 

t 

(psia) 

286  -  296 

296  -  318 

Ht 

(Btu/lbm) 

1830  -  1950 

1950  -  2110 

w 

a 

(lbm/sec) 

0.723  -  0.761 

0.725  -  0.768 

u 

(ft/sec) 

8510  -  8760 

8930  -  9050 
\ 

T 

rx> 

<°R) 

1070  -  1210 

1160  -  1270 

p 

(psia) 

0.21  -  0.28 

0.22  -  0.30 

p 

STAG 

(psia) 

8.1  -  9.8 

8.6  -  10.6 

T 

STAG 

(°R)  \ 

5670  -  5670 

5720  -  5880 
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(U)  Fig.  1  MACH  6  ARC  TUNNEL 


INJECTION 


(U)  Fig.  2  SCHEMATIC  DIAGRAM  OF  TEST  SETUP 
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(U)  Fi9.  3  SCHEMATIC  OF  SPECTROMETER  AND  ARC  TUNNEL 


(U)  Fig.  4  MODEL  AND  FOCAL  GAS  VOLUMES  FOR  SPECTROSCOPIC  MEASUREMENTS 
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(U)  Fig.  5  BASE  INJECTION  MODEL 


(U)  Fig.  6  FREE  STREAM  NO  BAND  SPECTRA 
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(U)  Fig.  7  CLEAN  AIR  WAKE 


(U)  Fig.  8  WAKE  WITH  3%  N2  (BASE  INJECTION) 
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(U)  Fig.  9  TEFLON  WAKE 


(U)  Fig.  10  NEAR  WAKE  STATIC  TEMPERATURE  LEVELS 
(WITH  BASE  INJECTION  OF  1  VS  N2)  x  1i  =  I 
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(U)  Fig.  15  NEAR  WAKE  STATIC  TEMPERATURE  LEVELS 
(WITH  BASE  INJECTION  OF  2%  N2)  x/h  =  4 
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(U)  Fig.  16  EFFECT  OF  BASE  MASS  ADDITION  ON  REDUCTION 

OF  STATIC  TEMPERATURE  LEVELS  (GASES:  N2,  CO) 
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(U)  Fig.  23  TYPICAL  SPECTRA-PHENOLIC  SILICA  WaKE  (x/h  4) 


0.480 


0.360 


0.240 


0.120 


502 


8th  Navy  Symposium  on  Aoroballistics 

Vol.  2 


(U)  REFERENCES 

1.  Lykoudis,  P.S.,  "A  Review  of  Hypersonic  Wake  Studies,"  AIAA 
Journal,  Vol.  4,  No.  4,  April  1966,  pp.  577-590.  (See  also: 

Rand  Corp.  Report  RM-4493-ARPA ,  May  1965).  (U) 

2.  Lykoudis,  P.S.,  "Recent  Developments  in  the  Fluid  Mechanics  of 
Hypersonic  Wakes,"  Rand  Corp.  Report  P-3451,  Nov.  1966. 

(Presented  at  XVIIth  International  Astronautical  Congress,  Madrid, 
October  10-15,  1966).  (U) 

3.  Eschenroeder ,  A.Q.,  "Kinetic  Processes  in  Hypersonic  Wakes," 
presented  at  AGARD  Specialists'  Meeting  on  Fluid  Physics  of 
Hypersonic  Wakes,  Colorado  State  Univ.  Fort  Collins,  Colorado, 

May  10-12,  1967  (AGARD  CP  No.  19  and  the  Supplement).  (U) 

4.  Steiger,  M.  ,  "A  Review  of  Hypersonic  Re-entry  Wakes  and  Auxiliary 

Studies  -  Part  I:  Base  Flow  and  Near  Wake  Fluid  Dynamics," 
Heliodyne  Corp.  Res.  Note  40,  July  1967.  (U) 

5.  Lees,  L.,  "Hypersonic  Wakes  and  Trails,"  AIAA  Journal,  Vol.  2, 

No.  3,  March  1964,  pp.  417-428  (Presented  as  Preprint  2662-62  at 
ARS  17th  Annual  Meeting,  Los  Angeles  Calif.  Nov.  13-18,  1962).  (U) 

6.  Bunt,  E.A.,  Cusick,  R.T.  ,  Bennett,  L.W.  and  Olsen,  H.L.,  ’’Design 
and  Operation  of  the  Battery  Power  Supply  of  a  Hypersonic  Pro¬ 
pulsion  Facility,"  APL/JHU  TG-6b0,  Feb.  1965.  (U) 

7.  Raezei  .  S.D.,  Bunt,  E.A.  and  Olsen,  H.L.  "Development  of  Hyper¬ 

sonic  Propulsion  Tunnels  Using  D.C.  Plasma  A;c  Heating," 
presented  at  AIM/ASME  Ram  jet  Propulsion  Conference  ,  NOL,  White 
Oak,  Maryland,  April  25,  1963.  (U) 

8.  Makofski,  R.M.  (APL/JHU)  private  communication. 

9.  Hill,  F.K.,  Unger,  H.J.  and  Dickens,  W.F.,  "Spectroscopic  Measure¬ 
ments  of  Combustion  Gas  Composition  in  Supersonic  Flow,"  AIM 
Journal,  Vol.  5,  No.  5,  May  1967,  pp.  873-881. 

10.  Unger,  H.J.,  Hill,  F.K.  and  Dickens,  W.P.,  "Spectrographic 
Analysis  of  Rocket  Nozzle  Flow,"  APL/JHU  Report  TG-877  ,  Jan.  1967. 
(U) 


503 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

(U)  REFERENCES  (Cont'd) 

11.  Unger,  H.J.,  Hill,  F.K.,  Paul,  N.G.,  "Spectroscopic  Determination 
of  High  Velocity  Flow  Field  Static  Temperatures,"  to  be  presented 
at  IEEE  3rd  International  Congress  on  Instrumentation  in  Aerospace 
Simulation  Facilities,  New  York,  May  1969.  (U) 

12.  Paul,  N.G.,  Unger,  H.J.,  Kauffman,  L.O.  and  Hill,  F.K.,  "Arc- 

Tunnel  Wake  Investigations  Using  Scanning  Infrared  Spectrographic 
Measurements,  Paper  68-704,  AIAA  Fluid  and  Plasma  Dynamics 
Conference,  Los  Angeles,  Calif.,  June  1968.  (U) 

13.  Wagner,  J.P.  and  Cameron,  J.M.,  "Controlled  Gaseous  Injection  in 
Re-Entry  Studies,"  Section  Vll/lb,  Research  and  Exploratory 
Development  Quarterly  Report,  October-December  1968,  APL/JHU 
AQR/68-4.  (U)  (publication  CONF.) 

14.  "JANAF  Thermochemical  Data,"  Dow  Chemical  Co.,  Midland,  Mich.  (U) 

15.  Perini,  L.L.,  "Chemical  Effects  in  a  High  Enthalpy  Nozzle  and 
Shock  Shape  Estimate  for  a  Highly  Blunted  Slender  Wedge."  APL/JHU 
BHP-67-27 ,  September  1967.  (U) 

16.  Perini,  L.L.  and  Melnick,  W.L.,  "Non-Equilibrium  Hypersonic  Flow 
Past  Smooth  Symmetric  Bodies,"  J.  Spacecraft  &  Rockets,  Vol.  5, 

No.  3,  pp.  309-313,  March  1968. 

17.  Wagner,  J.P.,  "The  Presence  of  Contaminants  in  Wake-Type  Arc-Jet 
Experiments ,"  APL/JHU  BFM-104,  April  1968.  (U) 

18.  Chapkis,  R.L.,  Fox,  J.,  Hromas ,  L.  and  Lees,  L.,  "An  Experimental 
Investigation  of  Base  Mass  Injection  on  the  Laminar  Wake  Behind 

a  6-Degree  Half-Angle  Wedge  at  M  =  4.0,"  presented  at  AGARD 
Specialists'  Meeting  on  Fluid  Physics  of  Hypersonic  Wakes,  Colorado 
State  University,  Fort  Collins,  Colorado,  May  10-12,  1967  (AGARD 
CP  No.  19  and  the  Supplement).  (U) 

19.  Muntz,  E.P.  and  Softley,  E.J.,  "A  Study  of  Laminar  Near  Wakes," 

AIAA  Journal,  Vol.  4,  No.  6,  June  1966,  pp.  961-968.  (U) 

20.  Batt,  R.G.  ,  "Experimental  Investigation  of  Wakes  Behind  Two- 
Dimensional  Slender  Bodies  at  Mach  Number  Six,"  Ph.D.  Thesis, 
California  Institute  of  Technology,  Pasadena,  Calif.,  1967.  (U) 


(U)  REFERENCES  (Cont'd) 


Navy  Symposium  on  Aeroballistics 

Vol.  2 


21.  Batt,  R.G.  and  Kubota,  T.,  "Experimental  Investigation  of  Laminar 
Near  Wakes  Behind  20°  Wedges  at  M  =  6,"  A1AA  Paper  68-99,  A1AA 
6th  Aerospace  Sciences  Mtg.  New  York,  Jan.  22-24,  1968.  (U) 

22.  Batt,  R.G.  and  Kubota,  T.,  "Experimental  Investigation  of  Far 
Wakes  Behind  Two-Dimensional  Slender  Bodies  at  M  =  6,"AIAA 
Paper  68-700,  AIAA  Fluid  and  Plasma  Dynamics  Conf.,  Los  Angeles, 
Calif.,  June  1968.  (U) 

23.  Heicklen,  J.,  "Gas-Phase  Chemistry  of  Re-Entry ,"  AIAA  Journal, 

Vol.  5,  No.  1,  January  1967,  pp.  4  -  15.  (U) 

24.  Hill,  J.A.F.  and  Luce,  R.W.,  'Wind  Tunnel  Measurements  of  Turbulent 
Wake  Cooling  With  Base  Injection,"  Mithras,  Inc.  Rept.  MC  64-85-R3 
(AFOSR  66-1929),  August  1966.  (U) 

25.  Cresswell,  J.,  Kaplan,  B.,  Porter,  R. ,  Sarkos ,  C.,  "Material 
Effects  of  Low  Temperature  Ablators  on  Hypersonic  Wake  Properties 
of  Slender  Bodies,"  (Presented  at  a  Specialists'  Meeting  of  the 
Fluid  Dynamics  Panel  of  AGARD  on  "The  Fluid  Physics  of  Hypersonic 
Wakes,"  at  Colorado  State  University,  Fort  Collins,  Cole.,  May  10- 
12,  1967;  AGARD  CP-19).  (U) 

26.  Wilson,  L.N.,  Hayami ,  R.A.,  Evans,  E.W.,  Robillard,  P.E.  and 
Liu,  I.,  "Effect  of  Ablation  Material  on  Observables  from  a 
Slender  Cone  in  a  Free  Flight  Range,"  General  Motors  Corp. 

DRL  Rept.  CTN64-09 ,  October  1964.  (U) 


8th  Navy  Symposium  on  Aerobaliistics 

Vol.  2 


Paper  No.  17 

ISOTHERMAL  LEADING  EDGES 

<U) 

(Paper  UNCLASSIFIED) 
by 

Bertram  K.  Ellis 

Naval  Ship  Research  and  Development  Center 
Washington,  D.C.  20007 


brIn8  prre"-  The  ^ <  6 

with  a  sharrieadinfadge1?'6  th°  high  toml>era<:i'rcs  associated 

under^^si:rs4h^nyddcejwitykin  zTi- tith  a  £ictitious 

Ught  about  by  the  wick-vapor  chamber  are  clearly  demonstrated. 


507 


8th  Navy  Symposium  on  Aeroballistics 

Vol.  2  "" 

INTRODUCTION 


Aerodynamic  heating  can  be  classified  among  the  foremost 
technical  problems  confronting  the  development  of  hypersonic  vehicles. 
This  problem  is  probably  most  apparent  within  the  first  few  inches 


along  a  wing  or  fin  leading  edge  where  the  heat  transfer  coefficient 
becomes  asymptotically  large  (varies  as  ,1)  .  The  combination  of  large 
heating  flux  and  the  poor  material  area  distribution  of  the  sharp 
hypersonic  leading  edge  results  in  temperatures  at  the  tip  approach¬ 
ing  the  recovery  temperature.  (Since  the  sharp  leading  edge  has 
definite  performance  advantages,  a  means  of  alleviating  the  excessive 


tip  temperature  would  be  highly  beneficial).  Under  the  same  high 


temperature  tip  conditions,  the  aft  section  of  the  leading  edge 
(beyond  a  few  inches)  experiences  equilibrium  temperatures  which  can 
be  of  the  order  of  hundreds  of  degrees  lower.  Fig.  1,  from  Ref.  1, 
shows  the  temperature  distributions  which  would  occur  along  the 
leading  edges  of  a  typical  hypersonic  vehicle  at  a  Mach  number  of  8. 


These  extreme  leading  edge  temperatures  poise  serious  oxidat ion, 
strength,  stiffness  and  creep  problems  for  the  most  promising  metallic 
leading  edge  materials.  Fig.  2  shows  the  relative  structural  limita¬ 
tions  of  the  coated  refractory  metals  (molybdenum,  columbium, 
tantalum  and  tungsten)  and  the  super  alloys  (nickel  or  cobalt  base) 
at  extreme  temperatures  over  a  period  of  exposure  time. 


Although  the  coated  refractory  metals  have  superior  stiffness 
qualities  up  to  2300°F,  they  could  not  effectively  be  used  at  this 
temperature  for  any  extended  length  of  time  since  the  worn  coatings 
would  result  in  the  metal  rapidily  oxidizing.  Reduction  in  leading 
edge  tip  temperatures  would  greatly  enhance  the  suitability  of  the 
refractory  metals  over  the  extended  time  periods. 


The  super  alloys  on  the  other  hand  arc  highly  resistive  to 
oxidation  but  have  strength,  stiffness  and  creep  restrictions  imposed 
at  about  1600°F.  Both  sets  of  metals  could  be  used  as  hot  leading 
edge  materials  over  the  economic  life  of  a  reusable  hypersonic  vehicle 
in  the  Mach  number  6-8  flight  regime  if  an  effective  means  could  be 
found  to  reduce  stagnation  tip  temperatures. 


The  intention  of  this  paper  is  to  numerically  show  that  a  heat 
pipe  configured  in  the  form  of  a  sharp  10J  leading  edge  would  be 
capable  of  appreciable  leading  edge  tip  temperature  alleviation  for 
steady  state  hypersonic  heating.  Prior  to  discussing  the  numerical 
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approach,  it  is  appropriate  here  to  first  review  some  of  the  very 
basic  heat  pipe  principles. 


HEAT  PIPE  PRINCIPLES 

The  heat  pipe  was  the  result  of  research  into  high  heat  transfer 
devices  for  space  applications  (Ref.  2).  It  chiefly  consists  of  a 
sealed  metal  tube  enclosing  a  fluid  saturated  porous  wick  (Fig.  3).  A 
steady  state  heat  pipe  operating  under  radiation  cooling  can  be 
described  as  follows:  Heat  addition  at  one  end  of  the  pipe  will  cause 
the  adjacent  fluid  contained  in  the  wick  to  vaporize  and  travel  with 
its  acquired  heat  of  vaporization  (under  the  influence  of  a  small 
pressure  gradient)  toward  the  unheated  end.  The  energized  vapor  will 
continually  release  its  latent  heat  on  the  cooler  surfaces  while 
condensing  slowly  back  into  the  wick.  The  condensed  liquid  would 
then  under  the  action  of  capillary  pressure  forces  travel  back  through 
the  wick  toward  the  heated  end,  thereby  continuing  the  heat  exchange 
cycle.  This  combined  heat  and  mass  transfer  process  is  governed  by 
the  equation, 

Q(x)  =  Mv(X)  L  (1) 

For  steady  state  operation,  the  rate  of  vapor  evolution  equals  the 
rate  of  vapor  condensation.  If  the  unheated  end  of  the  pipe  is  under¬ 
going  radiation,  the  entire  pipe  will  be  brought  to  a  nearly  isothermal 
temperature.  The  pipe's  temperature  at  the  heat  source  is  considerably 
lower  than  that  temperature  which  would  have  occurred  there  in  the 
absence  of  the  wicking  fluid.  The  degree  of  temperature  reduction  is 
strongly  dependent  on  the  heat  rejection  capacity  (emmiss ivity)  of 
the  unheated  end. 

Hear  pipes  are  ideally  suited  for  space  applications  since  the 
capillar)  forces  circulating  the  wicking  fluid  are  only  opposed  by 
the  frictional  forces  arising  from  viscosity.  In  an  environment 
where  G  forces  are  present,  the  wicking  fluids  density  must  be 
sufficiently  low  to  enable  the  capillary  forces  under  the  specified 
heating  conditions  to  fully  saturate  the  wick.  For  steady  state 
operation,  a  heat  pipe  must  satisfy  the  internal  pressure  drop 
criterion, 

r-  “1  r  )  <-  “!  r~ 

I  capillary  >  viscous  liquid  viscous  +  inertial j  +  ;G  Loads 

L  pressure  .  —  pressure  drop  ;  !  pressure  drop  in  I  j  Pressure  (2) 

J  L  J  LvaPor  J  Ld™P 


8th  Navy  Symposium  on  Aarobaltistics 


Vol.  2 

This  criterion  allows  the  capillary  pressure  forces  to  continue  the 
fluid  circulation  throughout  the  volume  of  the  wick  under  the  imposed 
heating  conditions.  Relative  magnitudes  of  the  influence  of  G  and 
capillary  pore  radius  on  pressure  head  for  several  candidate  fluids 
are  shown  in  Fig.  4  (courtesy  of  Westinghouse,  Ref.  3).  The 
derivation  of  the  capillary  pore  data  in  reference  3  is  based  on  a 
mean  cylindrical  pore  radius.  These  data  are  representative  of  the 
magnitudes  of  capillary  pressure  heads  developed  by  more  realistic 
wicks  of  the  same  mean  pore  radius.  Capillary  pressure  heads  for  the 
alkali  metals  at  mean  pore  radii  below  .01  inches,  are  shown  in  Fig.  4 
to  be  large  compared  to  corresponding  gravitational  pressure  heads. 
Hence,  the  use  of  heat  pipe  cooling  on  a  small  leading  edge  structure 
under  near  steady  state  hypersonic  heating  conditions  may  be  very 
practical.  Prior  to  the  construction  of  a  working  model,  a  more 
detailed  experimental  assessment  must  be  made  into  the  magnitudes  of 
the  terms  in  Equation  (2),  and  the  special  transient  conditions  which 
are  characteristically  different  for  liquid  metal  heat  pipes  (Refs.  4 
and  5) . 

The  general  requirements  for  heat  pipe  fluids  are:  high  latent 
heat,  high  thermal  conductivity,  low  viscosity,  high  surface  tension, 
high  wetting  ability  and  a  suitably  high  boiling  point.  Properties 
of  some  high  temperature  heat  pipe  fluids  are  given  in  Table  I. 


(U)  TABLE  1  -  PROPERTIES  OF  HIGH  TEMPERATURE  HEAT  PIPE  FLUIDS 


FLUID 

MELTING  PT. 

(°F) 

BOILING  PT. 

(°F) 

DENSITY 

#M/FT3 

@MP 

SURFACE 

TENSION 

@MP 

xl0+4 

LATENT 

HEAT 

BTU /# 

LITHIUM 

354 

2403 

31.8 

39.9 

8440 

POTASSIUM 

147 

1400 

51.0 

10.6 

893 

SODIUM 

208 

1621 

58,0 

19.1 

1810 

CESIUM 

84 

1301 

112.0 

5.5 

263 

For  the  present  we  will  assume  that  an  effective  heat  pipe  can  be 
constructed  in  the  form  of  a  sharp  10°  two-dimensional  leading  edge. 
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We  would  like  to  determine  the  temperature  field  through  the  volume 
of  this  structure  for  Mach  numbers  of  6  and  8  at  an  altitude  of 
150,000  feet. 


HEAT  PIPE  MODEL 


A  two-dimensional  heat  pipe  (or  vapor  chamber)  used  for  leading 
edge  temperature  reductions  would  have  the  same  features  as  the 
cylindrical  heat  pipe  (of  Fig.  3)  except  for  a  triangular  cross- 
sectional  shape,  see  Fig.  5.  This  leading  edge  structure  would  have 
a  wick  material  (probably  sintered  metal  or  metal  screening)  snugly 
lining  its  interior  surface.  Relatively  sharp  leading  edges  could  be 
used  since  the  heat  pipe  conduction  mechanism  is  expected  within  the 
fluid  wicking  limits  to  be  capable  of  absorbing  the  high  heating  loads 
on  small  radius  leading  edges.  The  temperature  in  the  wick  region 
would  be  sensibly  isothermal  due  to  the  presence  of  the  evapurating 
and  condensing  vapor.  In  a  fashion  similar  to  the  cylindrical  heat 
pipe,  the  high  heating  loads  near  the  vertex  of  the  leading  edge 
would  be  conducted  in  the  vapor  (as  latent  heat)  and  rccondensed  nearly 
at  constant  temperature  on  the  downstream  wick  surfaces.  For  the 
purpose  of  predicting  surface  temperatures  on  the  outer  skin,  the 
wick-vapor  region  could  then  be  considered  as  an  artificial  material 
of  very  high  conductivity  placed  flush  against  the  interior  of  the 
skin. 


The  heat  pipe  model  considered  for  steady  state  skin  temperature 
determination  under  simulated  hypersonic  flight  conditions  consists 
of  a  10"  half  angle  wedge  (Fig.  5  concluded).  A  triangular  grid 
field  was  used  for  the  finite  difference  treatment  since  it  exactly 
fits  the  wedge's  geometry.  The  wedge  is  divided  into  five  nodal  rows. 
The  first  two  rows  lie  in  a  given  real  material  (molybdenum)  having  a 
conductivity  of  .0194  - §2™-  ;  the  last  three  nodal  rows  lie  in  a 


Ft  sec"'  R 

fictitious  wick-vapor  region  which  is  assumed  to  have  a  conductivity 

°f  209.  -  .  This  latter  value  is  quoted  in  reference  2  and 

Ft  scc°  R 

is  representative  of  the  magnitude  of  sodium  heat  pipe  conductivities 
in  the  range  of  I900u  R. 


ANALYTICAL  PROCEDURE 

Ihe  convective  heat  transfer  coefficient  distributions  at 
150,000  feet  for  simulated  Mach  numbers  of  6  and  8  on  a  10-1  leading 
edge  are  shown  in  Fig.  6.  These  laminar  coefficients  were  determined 
with  the  reference  temperature  heat  transfer  equation, 
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H(x)  =  9.22 


K 

v'x 


x  10 


(3) 


where  K*,  p*,  p*  and  P*  are  evaluated  at  the  reference  temperature 
given  as,  r 


T*  =  .28  T  +  .50  T  +  .22  T 
oo  w  r 


(4) 


The  specific  equations  for  K,  p,  p,  and  P  are  well  known  and  can  be 
found  in  most  heat  transfer  texts.  r 

Equation  (3)  and  the  supporting  property  value  equations  were 
programmed  at  the  specified  flight  conditions. 

Fourier  nodal  heat  transfer  equations  incorporating  Dusinberre's 
half-cotangent  rule  for  triangular  grids  (Ref.  6)  are  written  for  the 
special  interior  nodal  forms.  The  Fourier  equation  for  a  rectangular 
nodal  form  is. 


Q  = 


C  a 


& 

Li 


(5) 


where  (a)  is  the  differential  nodal  heat  transfer  area  between  nodes, 


a  =  A  A  (unit  depth  normal  to  nodal  cross-section; 
For  a  triangular  grid.  Equation  (5)  becomes 


(6) 


i ' c  ®  ft 

where  is  Dusinberre's  conduction  path  coefficient.  This  coefficient 
can  be  shown  for  any  grid  path  to  be  equal  to  the  sum  of  the  half 
cotangents  of  the  angles  bridging  that  path. 

The  nodal  equations  for  interior  nodes  (which  are  influenced  only 
by  the  temperature  of  adjacent  nodes,  Tn)  are  of  the  form, 

E  C  <VT)  ft  *  0  (8) 


A  typical  interior  nodal  quation  for  the  interfacial  boundary  (of  the 
form  of  Equation  (8)  written  in  terms  of  nodal  indices  (i,j),  is, 


(T 


i-i,j+i'ii,j)  cc<ci>  +  8o(c2)  +  (ti>J.1«1>1+1-a1,j) 


BB 


Cl+C2 


—  +  (Ti-l,j-Ti,j>  C1  +  (Ti+l,j-Ti,j>  C2  <BB>  =  0 


(9) 
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where  the  values  CC  and  BB  are  Dusinberre's  conduction  path 
coefficients.  Along  the  interfacial  boundary  the  respective 
conductivities  Cj  and  C?  of  the  skin  and  fictitious  material  arc 
averaged.  This  assumption  seems  plausible.  A  further  description 
of  the  heat  balance  at  an  interfacial  point,  3,7,  is  shown  in  Fig.  7. 

A  similar  typical  interior  nodal  equation  for  the  adiabatic 
boundary  is  given  as, 


(T 


,+  T. 


, -2T. 


1 » J “ 1  i,j 


“  +  <T1-1,J+1+  Yj>  cc  + 


(Ti-l,j-Ti,J>  BB  ■  0 


(10) 


(11 


where  AA  is  a  Dusinberre  constant,  (see  Fig.  7  continued). 

For  the  surface  nodes  which  are  influenced  by  convection  and 
radiation,  the  general  form  of  the  heat  balance  equation  is, 

H(Ti,  j)^(Taw"Ti>  j)  "~e  (Tj^j-T  )  M  +  sum  of  Fourier  =  0 

conduction  terms 

where  the  first  two  terms  (from  the  left)  arc  attributed  respectively 
to  surface  convection  and  radiation  (Fig.  7  concluded).  The  last  term 
consists  of  the  Fourier  conduction  influence  of  adjacent  nodes 
explained  above.  The  nodal  equations  implied  to  the  surface  nodes 
assume  a  constant  surface  emmissivity  of  .5;  they  also  take  into 
account  first-order  changes  in  convective  heat  transfer  coefficients 
with  wall  temperature  variations.  Hence,  the  H(T)  value  shown  in 
these  equations  is  equal  to, 


H(x)  +  (Tw  -B)  Slope 


(12) 


where  it  is  understood  that  H(x)  is  the  heat  transfer  distribution 
evaluated  at  a  wall  temperature,  B  (300CTR).  Since  the  heat  transfer 
coefficient  is  not  a  strong  function  of  wall  temperature,  the  slope 
term  represents  a  mean  sensitivity  of  heat  transfer  coefficient  with 
wall  temperature  over  the  length  of  the  plate.  The  nodal  equations 
were  solved  for  temperature  distribution  on  a' SDS  930  machine  using  a 
Gauss-Siedel  numerical  solution.  A  Newton-Raphson  method  is  applied 
Ju^aCC.n°dal  C(^ations  in  order  to  speed  the  convergence.  A 
ll,  n°dal  equations  were  necessary  to  define  all  the  cases  in 
the  341  node  field.  Convergence  was  assumed  when  the  integrated 
radiation  and  convection  over  the  surface  of  the  wedge  were  equal  to  > 
within  .0  Although  the  results  are  very  reasonable, 

a  ltional  programming  is  being  conducted  to  determine  node  size 
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influence  and  initial  h  influence  on  the  near  stagnation  temperature 
field. 


RESULTS 


The  preliminary  numerical  results  for  the  cooled  and  uncooled 
leading  edge  at  the  simulated  flight  conditions  are  shown  in  Figs.  8 
and  9.  The  influence  of  the  highly  conductive  vapor  region  is  very 
apparent  for  both  Mach  number  cases.  As  a  result  of  radiation 
influences  the  overall  temperature  gradient  at  Mach  8  exceeded  that 
obtained  at  Mach  6.  Hence,  the  larger  heat  pipe  influence  on 
temperature  shown  at  Mach  8,  is  attributed  to  its  greater  effective- 

mbers  where  radiation  is  more  significant. 

for  the  cooled  and  uncooled  cases 
I  in  each  Mach  number  case.  This  is  signifi¬ 
cant  since  stagnation  region  temperatures  are  reduced  (at  the  expense 
of  slightly  higher  temperatures  downstream)  without  having  to  accept 
any  additional  heat  input  over  the  entire  leading  edge  structure. 

The  leading  edge  tip  temperature  gradient  retained  by  the  cooled 
wedge  is  attributed  to  the  high  Q  loads  imposed  over  the  long 
horizontal  conduction  paths  extending  from  the  wedge's  vertex  to  the 
high  conductivity  region.  Details  of  the  temperature  distributions 
for  the  heat  pipe  model  near  the  stagnation  points  for  both  Mach 
numbers  are  shown  in  Figs.  10  and  11.  The  influence  of  the  vertex 
material  distribution  on  temperature  distribution  can  be  eliminated 
through  shortening  the  vertex  conduction  paths  and  providing  more  heat 
pipe  area  in  the  vertex  region.  Hence,  the  use  of  a  small  (.2' to  .25" 
radius)  cylindrically  conformed  leading  edge  having  constant  metal 
thickness  in  the  vertex  region  would  be  appropriate.  This  arrangement 
is  also  shown  in  Figs.  10  and  11.  If  we  assume  that  a  leading  edge 
structure  containing  a  perfectly  conformed  skin-wick  vertex  region 
could  be  fabricated  then  isothermal  temperature  distributions  across 
the  structures  surface  would  be  possible,  see  Figs.  8  and  9.  The 
temperature  increase  over  the  entire  surface  attributed  to  further 
temperature  reductions  at  the  conformed  tip  would  be  on  the  order  of 
60°F.  for  the  cases  shown.  This  is  a  welcome  trade  off  at  the  higher 
Mach  numbers  for  the  rather  large  reduction  obtained  in  edge 
temperature. 


ness  at  the  higher  Mach 
The  integrated  heat  flux  (. 
were  shown  to  be  identica 


CONCLUDING  REMARKS 

The  numerical  results  demonstrate  the  ability  of  cooling  methods 
based  on  the  heat  pipe  principle  to  significantly  reduce  stagnation 
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tip  temperatures.  The  results  are  preliminary  since  node  size 
influence  on  accuracy  (especially  in  the  vertex  region)  has  not 
been  determined.  Nevertheless,  the  initial  results  are  encouraging 
and  strongly  indicate  that  through  proper  leading  edge  design  (a  mini¬ 
mum  of  conformed  nose  blunting)  isothermal  leading  edge  temperature 
distributions  are  achievable  in  the  hypersonic  flight  domain. 

The  application  of  heat  pipe  cooling  to  minimize  the  current 
practice  of  extreme  nose  blunting  to  reduce  stagnation  point  Q  loads 
I— _ SZiL—  jcould  pay  additional  dividends  in  appreciable  form  drag 
I  Se  c  f / 

reductions.  In  such  instances  where  drag  reductions  can  be  achieved, 
the  conformed  leading  edge  radius  must  be  less  than  the  original 
blunt  body  radius. 

Finally,  a  minimum  drag  design  would  be  subjected  to  the  inherent 
physical  limitations  imposed  on  the  fluid-wick  system  by  stagnation 
point  Q  loads.  This  means  that  sufficient  fluid  must. circulated  in 
the  stagnation  point  region  to  continually  absorb  the  stagnation  Q 
loads  under  the  specified  flight  conditions.  Low  density  fluids  with 
high  latent  heat,  surface  tension,  and  boiling  temperature  are  those 
of  interest.  In  this  category  the  alkali  metals  are  the  most 
promising. 


REFERENCES 


1.  NASA  Langley  Research  Center.  Structural  Prospects  for  Hypersonic 
Air  Vehicles  (U),  by  R.  R.  Heldenfeis.  Hampton,  Va.,  Sept.  1966. 
p.  561  (Aerospace  Proceedings),  publication  UNCLASSIFIED. 

2.  Los  Alamos  Scientific  Laboratory.  Structures  of  Very  High  Thermal 
Conductance  (U),  by  G.  M.  Grover  and  T.  P.  Cotter.  Los  Alamos, 

New  Mexico,  1964.  p.  1990,  Vol.  35.  (Journal  of  Applied  Physics, 
publication  UNCLASSIFIED) . 

3.  Westinghouse  Electric  Corp.  Heat  Pipe  Analysis  (U) ,  by  G.  H,  Parker 
Miami,  Fla.,  August  1968.  p.  847  (ASME  Intersociety  Energy 
Conversion  Engineering  Conference)  publication  UNCLASSIFIED. 

4.  Los  Alamos  Scientific  Laboratory.  Theory  of  Heat  Pipes  (U),  by 

T.  P,  Cotter.  Los  Alamos,  New  Mexico,  1965.  LA-3246-MS 

(publication  UNCLASSIFIED) . 

5.  Los  Alamos  Scientific  Laboratory.  Heat  Pipe  Startup  Dynamics  (U), 
by  T.  P.  Cotter.  Palo  Alto,  Calif.,  Nov  1967.  p.  344  (IEEE 
Thermionic  Conversion  Specialist  Conference)  publication 
UNCLASSIFIED. 


8th  Navy  Symposium  on  Aeroballistics 


Vol.  2 

6.  International  Textbook  Company.  Heat  Transfer  Calculations  by 
Finite  Differences  (U) ,  by  George  Dusinberre.  Scranton,  Pa., 
1961  (publication  UNCLASSIFIED). 


516 


M 

B 


Cp 

H 

K 

L 

M 

Mv 

AP 

Pr 

Q 

r 

c 

R 

x 

Slope 

T 

V 

x 

e 

i 

e 

1+ 


W 


8th  Navy  Symposium  on  Aaroballistics 


SYMBOLS 


Vol.2 


node  spacing  on  surface 
calibration  temperature  for  H 
conductivity  in  skin  material 

conductivity  in  heat  pipe  region 

specific  heat  of  air 

convective  heat  transfer  coefficient 

conductivity  of  air 

latent  heat  of  heat  pipe  fluid 

Mach  number 

Rate  of  vapor  evolution 
pressure  drop  in  wick 
Prandtl  number 

heat  transferred  in  heat  pipe 
mean  pore  radius  of  wick 

Reynolds  number 

temperature  sensitivity  of  heat  transfer  coefficient 

temperature 

air  velocity 

distance  along  surface  of  leading  edge 

emmissivity 

angle  of  inclination 

Stefan  Boltzman  constant 

wetting  angle 

viscosity  of  air 


Subscripts 

evaluated  at  wall  conditions 
evaluated  at  infinity 

evaluated  at  reference  temperature  conditions 
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(U)  Fig.  2. -  High-Temperature  Structural  Material  Limitations 


(U)  Fig.  3.  Basic  Heal  Pipe  Radiation  Configuration 
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Paper  No.  18 

SPIKES  AS  A  MEANS  OF  REDUCING  DRAG  AND  RAIN  EROSION 
OF  BLUNT  BODIES  AT  SUPERSONIC  SPEEDS 

(U) 

(Paper  UNCLASSIFIED) 
by 

Isidor  C.  Patapis 

Navai  Ship  Research  and  Development  Center 
Washington,  D.C.  20007 


ABSTRACT,  (u)  The  use  of  spikes  as  a  means  of  reducing  drag 
and  rain  erosion  at  supersonic  speeds  is  appraised.  A  description 
of  results  of  recent  spike  studies  conducted  at  the  Naval  Ship 
Research  and  Development  Center  is  included.  These  results  show 
that  spikes  can  significantly  reduce  both  drag  and  rain  erosion. 
The  scope  of  future  work,  to  include  heat  transfer,  is  also 
discussed. 
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INTRODUCTION 


(U)  The  radome  of  an  aircraft  or  missile  is  most  effective  in 
a  blunt  body  configuration.  This  assures  the  greatest  uniformity  in 
skin  thickness  allowing  for  the  uniform  transmission  and  reception 
of  signals.  A  hemisphere  is  ideal.  Other  nose  shapes,  such  as  a 
one-one  tangent  ogive,  can  also  be  used. 

(U)  Both  of  these  radomes  present  certain  aerodynamic  problems 
which  tend  to  compromise  the  weapons  system.  That  is  their  pressure 
drag  and  impact  momentum  exchange  with  oncoming  rain  particles  is 
high  because  of  the  high  body  tangent  angles  relative  to  the  body 
axis. 


THE  EFFECTS  A  SPIKE  HAS  ON  A  BLUNT  BODY 


(U)  Placing  a  spike  in  front  of  these  bodies  reduces  both  the 
drag  and  the  raindrop  momentum  exchange.  Just  how  this  is  done  can 
be  seen  in  the  schlleren  photographs  showing  the  basic  radome  and 
two  alternate  flow  conditions  posed  by  using  spikes:  Figure  1  shows 
a  basic  radome  with  a  detached  bow  shock  wave  indicating  high  pressure 
drag.  What  a  spike  does,  essentially,  is  to  remove  the  detached 
portion  of  the  wave  thereby  diminishing  its  effects.  A  spike  placed 
on  a  body  that  has  a  bow  shock  wave  attached  will  not  reduce  drag. 
Figure  2  shows  flow  separating  from  the  spike  shank  and  leaving  a 
small  captured  vortex  bounded  by  a  shear  layer.  The  oncoming  flow 
',aeea,'  the  body  as  formed  by  the  spike  in  front  of  the  separating 
flow,  the  shear  layer  and  the  actual  body  from  the  reattaching  region 
rearwards.  This,  more  slender  body,  shows  a  small  reduction  in  drag 
over  the  actual  one.  Figure  3  shows  flow  separating  from  the  cone, 
transitioning  and  reattaching  to  the  body  and  forming  a  captured 
vortex  between  the  shear  layer  and  the  complete  spike  shank.  To  the 
oncoming  flow,  this  body  is  much  more  slender  than  the  first  two,  and 
indeed,  this  is  reflected  in  its  low  drag. 

(U)  A  spike  helps  cause  rain  dispersion  in  a  number  of  ways: 

The  first  is  the  tip  shock  wave.  It  causes  compression  waves  to  form 
in  a  rain  drop  passing  through  it.  If  given  enough  time  after  passing 
through  the  tip  wave,  the  droplet  may  thus  be  dispersed  to  a  fine 
vapor.  The  "vaporizing"  process  begins  at  about  100  jj,  seconds  and  is 
complete  at  about  700  y,  seconds  or  so  depending  on  the  Mach  number. 

If  a  droplet  passes  through  a  series  of  waves,  it  might  possibly 
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"vaporize"  very  quickly.  Second,  the  rain  drop  is  deflected  along 
with  the  oncoming  flow  by  the  conical  tip  and  the  shear  layer  so  that 
when  a  drop  finally  reaches  the  body  its  impact  angle  is  minimized. 
Third,  if  a  rain  drop  should  happen  to  penetrate  the  shear  layer,  it 
will  be  subjected  to  very  high  shear  stresses  because  its  size  may  be 
comparable  to  the  shear  layer  thickness  which  is  supersonic  on  the 
outside  and  subsonic  on  the  inside. 

TESTS  CONDUCTED  AND  RESULTS 


(U)  In  tests  conducted  at  NSRDC  the  two  different  types  of 
spikes  shown,  in  Figure  4,  were  tested  on  a  one-One  tangent  ogive  and 
a  hemisphere.  The  plain  tip  spikes  were  relatively  ineffective  giving 
drag  coefficients  not  much  different  from  the  basic  bodies.  The  blank 
oversize  spikes  caused  about  357.  drag  reduction  on  the  ogive  and  about 
507,  on  the  hemisphere.  At  the  conclusion  of  these  tests  it  was  felt 
that  more  work  could  be  done  in  the  area  of  drag  reduction  by  bleeding 
air  from  the  tips  into  the  shear  layer  as  shown  in  Figure  5.  The 
additional  mass  would  increase  the  layers  displacement  thickness 
causing  the  bow  shockwave  -  shear  layer  interaction  to  occur  radially 
further  from  the  body,  thereby  causing  an  additional  reduction  in 
pressure  drag.  The  schlieren  photographs  of  these  tests  were  not 
clear  enough  to  indicate  a  noticeable  shift  in  the  location  of  the 
interaction  region.  Figure  6.  However,  the  jet  does  cause  a  shockwave 
to  form  at  the  exit  lip  which  is  normal  to  the  cone  in  the  vicinity 
of  the  lip  and  jet  itself  appears  to  form  a  layer  just  outside  of  the 
existing  shear  layer.  The  second  shock  can  help  amplify  rain  dispersion. 
The  force  data  indicates  two  things:  First,  drag  is  reduced  over  the 
basic  spikes  and  second,  some  spikes  that  originally  had  flow  separation 
from  the  shank  now  had  the  flow  separating  from  the  tip.  Because  of 
this,  the  rain  dispersion  process  starts  further  from  the  radome  allow¬ 
ing  for  more  reaction  time.  Apparently,  this  particular  method  of 
bleeding  air  removes  an  existing  pressure  gradient  that,  on  some  spike- 
body  combinations,  was  pronounced  enough  to  retard  separation.  This 
point  may  be  noted  in  Figure  7  where,  for  example,  an  4/d  of  about  0.9 
had  shank  separation  and  a  Cp  of  about  0.48;  with  air  bleed  the  flow 

separated  from  the  tip  and  the  drag  was  reduced  by  one  unit  to  about 
0.38.  It  should  be  pointed  out  that  gap  width,  g^,  was  based  on  a 

design  Mach  number  of  2.14  and  tested  only  at  1.55  and  3.75.  The  gaps 
show  little  drag  reduction  over  the  basic  spikes  at  Mach  number  less 
than  M  design  and  greater  at  the  greater  Mach  number.  The  effect  of 
bleeding  on  the  ogive  is  not  consistent  over  the  test  Mach  numbers  as 
it  is  with  the  hemisphere,  Figure  8.  The  hemisphere  has  yet  to  be 
tested  with  blank  spikes  having  shank  separation  so  that  the  effect 
of  air  bleeding  on  them  is  not  known.  From  the  standpoint  of  drag 
reduction,  however,  it  would  appear  that  the  width  must  be  designed 
for  a  low  supersonic  flight  Mach  number  to  be  usable  over  the 
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supersonic  flight  range.  The  opposite  is  true  when  determining  slit 
wioth  for  rain  erosion  protection  where  a  strong  jet  will  help  to 
form  a  strong  shock  at  the  tip  and  help  deflect  the  droplets  further 
from  the  cone.  Calculations  have  shown  a  shift  of  about  80°  in  droplet 
direction  in  the  vicinity  of  the  jet.  The  jet  strength  can  be  said 
to  be  governed  by  the  mass  flow  rate  through  the  slit.  Continuity 
dictates  a  bigger  slit  with  Mach  number  increase. 

(U)  This  contradiction  between  a  small  slit  for  drag  reduction 
and  a  large  one  for  rain  erosion  would  lead  one  to  using  an  inter¬ 
mediate  flight  Mach  number  for  design.  A  series  of  spikes  have  been 
prepared  to  be  tested  at  M  *  5,  their  design  Mach  number,  along  with 
the  existing  set  for  temperature  distribution  studies.  They  will 
also  be  tested  for  force  data  and  subsequently  made  into  full  scale 
products  for  testing  on  radomes  on  a  rocket  sled  track  in  a  rain 
environment  facility. 


CLOSING 


£  ^  S  5h*f,?as  beCn  d°ne  tiU  n0W  has  Provided  a  stimulus 

for  the  future  which  will  center  around  more  experiments,  some  of  which 
have  already  been  noted.  Questions  that  have  yet  to  be  answered  are: 

1.  What  is  the  optimum  cone  angle  per  Mach  number? 
number* flight?  VarUhle  geometry  cone  be  used  during  a  variable  Mach 

spikes?  H°W  d°  temperature  distributions  vary  with  blank  and  jet-bleed 

u  the  jet-bued  ide* in  ■  "*»  •» 

..  5°^  After  these  experiments  have  been  completed  and  the  results 

digested,  attempts  will  be  made  to  try  to  formulate  a  mathematical 

anV  ‘'ompuJtfer  Program  to  try  to  anticipate  more  concisely  the 
problem  of  the  spike- body.  In  the  meantime,  your  comments  and  criticism 
are  welcomed  with  great  enthusiasm. 
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Figure  1  -  One-One  Ogive  Schlieren 
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Figure  2  -  One-One  Ogive  With  Spike-Shank  Separation 
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Figure  5  -  A  Schematic  of  the  Jet-Bleed  Principle 
The  Jetting  Flow  is  Crosshatched 
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Figure  7  -  The  Effects  of  Jet-Bleed  on  a  One-One  Tangent 
Ogive  With  Oversize  Spikes 
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Figure  8  -  The  Effects  of  Jet-Bleed  on  a  Hemisphere  with 

Oversize  Spikes 
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